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Abstract

Thisthesis documents the development and validationf aMATLAB/Simulink

simulation tool for the Attitude Determination and Control System (ADCS)f the LORIS

CubeSat in development at Dalhousie Universifpr the Canadian CubeSat Projecthe
simulation tool comprises an approximation of the space environmentharacteristic of the
International Space Statio® @bit, a Simscapebased satellite dynamics modekwo attitude
controllers, models of the sensor®nboard the LORIS CubeSand the attitude
determination algorithms that use them.Useof magnetic attitude control is assesseth
simulation for both detumbling and pointing the satellite while the latter forms the basis for
the design of a eaction wheel-based controler capable of meeting LORIS mission
requirements. For the conditions used in the simulations,he proposed ADCS control

schemeexceedsmission accuracy requirementsunder many worst-case assumptions.
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Chapter 1:Introduction

The Dalhousie University Low Earth Orbit Bconnaissance Imagery Satellite (LORIS)
CubeSais a satellite in development for the Canadian Space Agedcanadian CubeSat
Project, set to launch in 2021This thesisdescribes thedesign anddevelopment of a
Attitude Determination and Control System (ADCSjimulation tool for the LORIS project
built in MATLAB/Simulink . Attitude is defined as theorientation of a satellite in orbit. The
determination component of the ADCS includes the sensors used to estimate this
orientation, while the control component of the ADCS includes the actuators and algorithms
that orient the satellite and maintain it inits desired orientation throughout its mission life.
The simulator aimsto 1) propagate the LORIS orbit in a realistic environment with models
of the external disturbances experienced by lovEarth orbiting (LEO) satellites and2)
model the satellite attit ude dynamics to aid in the design and validation ddittitude

determination and control algorithms for its mission.

CubeSats are sized in terms afits (U), where1U isa cube with dimensions
p T p Tt p TA . The LORIS CubeSat is 2 having fixed dimensions ofp T p T ¢ T©tMZ
with four deployable solar panels extending outwards from the togdts deployed

configuration is depicted in theCAD rendering shown irFigure 1.

Figure 1: LORIS CubeSat CAD Renderiidg



The satellite payloadfeaturestwo camerason the Earth-pointing face of the satellite
Oi PET O COAD E. TwoAditoieds Qon®fér @efBlidg and one for pointingz
are designed and validated with respect to the LORIS mission requirements dictated by its
AAT AOA DBAUI T A betrs 0 thd dpédtidhhl phbse whereirthe high angular
rates of a spinning satelliteare reducedO0 1T ET OET ¢C6 OAAEAOO O1 OEA 11 1E
where the payload isactive,and the satelliteenters and maintains a stable orientation in

orbit with its cameras facing EarthRelevant mission requrements are reproduced below

1. The ADCS should detumble the spacecraft under 15 hours after the 30minute
waiting period post-deployment from the International Space Station [SS. Launch
requirements disallow the CubeSato be powered on until 30 minutes have elapsed
after its release from the ISSwhereinafter it is free to begin its detumbling phase as
soon as enough power has been providetd the system

2. The LORIS ADCS shall sample attitude determination telemetryaic from its
onboard Sun, magnetidield, and angular ratesensors) at a rate of at least 1 Hz.

3. The ADCS shall have an attitude determination accuracy of at least £1The
AOOEI AGA T £ OE kalddidted AdmiitsEséndod rdeasiirenieEtEnouidA
be within £10 of the actual orientation of the satelliteduring its pointing phase.

4. The ADCS subsystem shall have an attitude pointing accuracy of at least +10his
accuracy ensureghat the camera payloadccan photograph its intended target.

5. TheLORIS ADCS shall implement a Proportional Derivative (PD) controller for
nominal operations.O. T I ET Al Tnm2da©pbittiag at Eardhduring portions
of the orbit where Sun isnot eclipsed by Earth

6. The ADCS shall operate on a supply voltage of 5 V &d V during nominal
I B A O AThi& requigment drives the modeling of the ADCS actuators in

simulation.

In the interest of keeping costs for the project and complexity of the system lothis
thesis will first examine the feasibility of solely magneic attitude control for both the
detumbling and nominal (pointing) mission phases of LORLSVhether or not magnetic
pointing control is deemed a viable choice, magnetic actuation is an inevitable inclusion to
the ADCSActuators such asreaction wheelstypically have desaturation periodswhere
magnetic detumbling control is assumed until the actuators are able to resunaperation,
AT A OEA AAOOI Al ET ¢ b E Aredessitat@s niagndtic udbliigl EOAG O 1 E

control.



The objectives of thisthesis are, therefore, to:

1. create a modular and realistic simulation tool for the LORIS CubeSat in which
different ADCS approaches can be developed, validated, and assessed

2. explore the feasibility of magnetic detumbling and magnetic pointing control using
the simulation tool

3. developan ADCSsolution to meet the LORIS mission requirements

To achieve these objectiveshis thesis is organized as follows: itapter 2 carries out
a literature review that forms a basis for the assessment of the feasibility of developing a
solely magneticcontrol scheme for the LORIS CubeSat using the proposed onboard soite
sensorsincluding a three-axis gyroscope for angular rate measurement, magtometers for
measurement of the local magnetic field, and an arrangement of 18 photodio8&&nsensors
on its outer surfacesChapter 3 describes the overall structure of the simulatorand the flow
of data between itselements anddevelops a model othe space environmentthat can
predict the disturbance torques experienced by the satellite in its orbitChapter4 covers
attitude determination z the implementation of realistic sensor modelsand the acquisition
of a satellite attitude estimate from thef measurements.The analysis and assessment of
magnetic attitude control begins in Chapteb, detailing first the model of the magnetic
actuators implemented in the simulation followed by the development, validation, and
results of a magnetic detumbling catroller. Chapter 6 follows with design, validation, and
assessment of a magnetic pointing controller, outlining where it succeeds and where it fails.
Chapter7 then proposes an alternate control solution using actuationvith reaction wheels,
detailing the actuator design, modelling, anadtorresponding results. Chapter8 outlines the
proposed control approach that wasimplemented in the simulation tool for conditionally
switching between thedetumbling and pointing controllers. The final pointing results are
then presented and compared against relevant mission requirement€hapter9 then draws

conclusions and makes recommendations.



Chapter 2:Literature Review

The number of CubeSats being launched has dramatically increased from three per
year in 2005 to about 288per year in 2017][2] . With about 1150 CubeSats launched to
date, this chapter focuses on CubeSats described in the literature that exhibit solely
magnetic active attitude control: actuation where controlling torques are provied solely by
magnetic actuators (magnetorquer rods and/or coils)[3]. These actuators are desirable on
the CubeSat scale for their relatively low cost, reliability, simplicity, and their significantly
lower power requirement than that of a spinning wheel. Fully magnetic attitude control is
defined as an underactuated system due to its inability to command control over all three
axes instantaneoushf4]. Control torques can only be generated in the @he normal to
direction of the local magnetic field vectol5], [6] . This constraint necessitates a variation in
OEA AEOAAOQEIT 1T &£ %AOOESGO | ACT AOGEA EEdkhie OAAODI O
generated along all three axefr]. Although this constraint redefines the control problem as
a time-variant periodic system with non-linear characteristics, the periodicity and scale of
the problem allow for a linear gpproximation of its dynamics[8]. Problems therein arise
from the weakness in control torques generated due in part to this directional restriction

and a resultant slower reorientation than is achievable by other, more complereans[9].

CubeSat ADCS often contain a set of orthogonal reaction or momentum wheels and
three orthogonal magnetorquers, the latter used exclusively for detumbling and momentum
dumping. CubeSats employing reaction or momenin wheels are not considered within the
scope of this review as the magnetorquers used in these CubeSats are not the primary active
ATTPITATO T £ OEA OAOAT 1 EOABO 1 fuiyadivei AOOEOOAA
magnetically-actuated control schemes whee the magnetorquers alone control the
OAOAT 1 EOAS O A ctiisaidA dnd thréeftis@tAblisad®, Bdth of which
typically require a secondary controller to detumble the satellite after launch.

All surveyed satellites travel in a circula low-Earth orbit (LEO). %A OOES O | ACiT AOE.
field becomes weaker at higher altitudes, and thus LEO is optimal for magnetic control
schemes where attitude depends on the behaviour of local magnetic field vectors
throughout its mission. Focus is placed on sueying papers about small satellites only,
ranging from 60 kg class small satellites to CubeSats and picosats. Larger satellites are not
considered, though it is likely that magnetic control schemes that work on a larger scale

could be adapted to and miniatirised for smaller satellites.



First, a tabulated summary of magnetically actuated CubeSats quantifies those
named in the surveyed papers that have been successfully launched. Satellites and paper
analyses for satellites that orbit in the same ISS orbitrpposed for LORIS are then briefly
explored, with an assessment of the common uses and constraints on magnetometers, Sun
sensors, and gyroscopes following. Common attitude determination algorithms making use
of measurements from these sensors are then arnysled for theoretical and launched satellite
cases, including an analysis of Kalman filtering techniques in the control context. The
controller design section follows, focusing on proportionaiderivative (PD) and Bdot
control in line with the controller selections for LORIS. Lastly, conclusions about the most

applicable ADCS components to the Dalhousie University CubeSat are then drawn.

2.1 Launched CubeSats

Table1 (and its continuation in Table 2) on the following pages compile information
found in the literature about launched CubeSat missions with fully active magnetic attitude
control schemes onboard. These satellites are either spstabilised or three-axis stabilised
Z the former referring to establishing constant satellite rotation about a single fixed axis, the
latter referring to pointing the satellite at a target according to mission payload objectives
and most utilise similar sensor information in their determination and control algorithms.
Satellites that have not been launched, were cancelled, or that exist in theoretical name, such
as the UYSL and AraMisC1 CubeSat#] [10] are not included in the tableLaunch dates

and some supplementary information in the table were taken fronfi3] .



Table1: Launched CubeSat Missions with Active Magnetic ActuatigrPart 1

Satellite Launch| Class| SunSensor| Gyroscope | Magnetometer| Magnetorquers | Ref.
AAU CubeSat | 2003 | 1U 6 / 1 (3-axis) 3 coils [11]
1 (2-axis) , i [12]
AAUSAT3 2013 | 1U 6 - 1 (3-axis) 3 coils

1 (1-axis) [13]

[14]

AeroCube 6A/6B| 2014 | 0.5U 3 1 MEMS 2 3 rods [15]
. . . [16]

AntelSat 2014 | 2U 6 3 (1-axis) 1 (3-axis) 3 coils [17]

_ | [18]

Chasqui | 2014 | 1U Yes Yes 1 (3-axis) 3 [19]
CINEMA 1 2012 | 3U 2 / 1 (3-axis) 2 coils [20]
COMPASS 2008 | 1U 5 / 1 (3-axis) 3 coils [21]
CSTB1 2007 | 1U 16 / 5 (2-axis) 3 coils [22]
CXBN 2012 | 2U 1 2 (3-axis) 2 (3-axis) 3 coils Ei}
DICE 2011 | 1.5U 1 / 1 (3-axis) 3 coils [25]
Dove-2 2013 | 3U Yes Yes Yes Yes [26]

. . . 27

ESTCubel 2013 | 1U 6 4 (3-axis) 2 (3-axis) 3 coils { 5 8}
Gomx1 2013 | 2U Yes Yes Yes 3 coils [29]
HIT-Sat 2006 | 1U 1 1 (1-axis) 1 (3-axis) 3 rods [30]
MaSatl 2012 | 1U | Infrared (3-axis) (3-axis) 2 [31]

electromagnets

MOVEII 2018 | 1U 5 5 (3-axis) 5 (3-axis) 5 coils [32]
OPUSAT 2014 | 1U 4 3 1 (3-axis) 2 coils [33]
ParkinsonSat | 2015 | 1.5U Yes / Yes 3 coils [34]
SamSatQB50 | 2017 | 2U Yes 1 (3-axis) 1 (3-axis) 3 coils [35]
QBUS 1,24 | 2017 | 2U | Unknown | Unknown Unknown 3 rods [36]
UNSWECO 2017 | 2U 1 1 (3-axis) 1 (3-axis) 2 rods, 1 coil |[37]
VZLUSATL 2017 | 2U / / 1 (3-axis) 4 coils [38]
RAIKO 2012 | 2U 6 / 1 (3-axis) 3 coils [39]
SOMP 2013 | 1U 12 / 3 (L-axis) 3 coils [40]
STUDSATL 2010 | 1U / 3 (1-axis) 1 (3-axis) 3 coils [41]
SwissCube 2009 | 1U 6 3 (1-axis) 1 (3-axis) 3 coils [42]
TigriSat 2014 | 3U Yes 1 (3-axis) 1 (3-axis) 3 coils [43]
UKube1 2014 | 3U 8 Yes Yes 6 coils {jg}

. . . [46]

VELOXPII 2013 | 1U 6 2 (3-axis) 2 (3-axis) 3 coils [47]




Table2: Launched CubeSat Missions with Active Magnetic ActuatigrPart 2

Satellite Other ADCS Controller (Active) Pointing Error Ref
AAU CubeSat / B-dot/Periodic constant gain go [11]
LOR
AAUSAT3 | Permanent magnet B'dom"”earﬁgésmte's"ace 5° [12] [13]
A;rs/é?;be Earth sensor Spin-stabilised 30° [14] [15]
AntelSat / B-dot/LQR 10° [16] [17]
Chasqui | 2 permanent 'mag'nets, B-dot/continuous sliding 30/20° [18] [19]
2 hysteresis foils mode
CINEMA 1 / B-dot/Spin stabilisation 10° [20]
COMPASS / B-dot/Constant gain LQR 12° [21]
CSTB1 Unknown Unknown Unknown [22]
CXBN Pipper (star sensor) B-dot/Spin -stabilised/PD 2° [23] [24]
DICE / Spin-stabilised 5° [25]
Dove-2 Hysteresis rods B-dot Unknown [26]
ESTCubel / Spin-stabilised 3° [27] [28]
GomXx1l / Unknown 10° [29]
HIT-Sat / Spin-stabilised 10° [30]
MaSat1 Permanent . Passive/Unknown Unknown [31]
magnets/hysteresis
MOVEII / B-dot/LQR/Spin-stabilised 10° [32]
OPUSAT / Spin-stabilised 10° [33]
ParkinsonSat / Spin-stabilised 23° [34]
SamSatQB50 Hysteresis rods Passive 20° [35]
QBUS 1,24 Air drag panels MPC LQR 20° [36]
UNSWECO | Earth horizon CMOS B-dot/LQR 20° [37]
VZLUSATL / Custom, Bvector rotation- 20° [38]
based
RAIKO / Detumbling N/A [39]
SOMP Permanent magnet Detumbling 5° [40]
STUDSATL / B-dot/Constant gain LQR 8° [41]
SwissCube / B-dot 7.5° [42]
TigriSat / Modified B-dot/proportional Unknown [43]
UKube1 Permanent magnet B-dot/ Suntracking 5° [44] [45]
VELOXPII / Unknown (3-axis stabilised) Unknown [46] [47]




2.2 ISS Orbit

The LORIS CubeSat's orbit is to be identical to that of the International Space Station
(ISS). The ISS orbit imear circular with an eccentricity on the order ofp 11 and an
inclination of 51.6° relative to the equator[36]. Launched magneticallyactuated CubeSats
from Table 1 and 2that utilise this orbit include AAUSAB [13], Chasqui 18], RAIKO[39],
the three QBUS QB50 CubeS485] and UNSWECOQ[37] z all of which employ linear
detumbling and pointing control in an attempt to satisfy coarse pointing accuracy
requirements of 10%-20°. Theoretical analyses and simulation cases wherein the ISS orbit is
assumed include Suignura et al.in [48], Santiagoet al.in [49], Vedant and Ghosh ifb0],
Ivanov, et alin [51], and Walkeret al.in [52]. It is found that the ISS orbit provides less
pointing accuracy and slower attitude convergence than a Stsynchronous orbit, likely due
to the extent of variability in local magnetic field direction between the twd48]. A Sun
synchronous orbit is a neafpolar circular retrograde orbit with an inclination around 100 .
The orbiting satellite experiences consistent illumination by Sun throughout its mission life
and sees the same areas of Earth thie same time every day. Its high inclination subjects the
satellite to significant directional variation in the local magnetic field vector which is a
desirable feature for magnetic control.

Many papersz such ag6] z sugges the magnetic field is periodic with period¢” 7€,
where rnis the orbital rate. A higher orbit inclination implies a higher periodicity of the local
magnetic field vector, and thus a higher degree of controllabilit}p3] . An inclined orbit is
necessary to avoid a constandlirection magnetic field vector (as experienced in equatorial
and polar orbits). Inclination ensures the possibility of threeaxis attitude control given the
i ACT AOT ONOAOOS ET AAEI EGUE GOE Ao B TAAGARA BON OENAG AACE Al GO
magnetic field vector.

Though Sunsynchronous and neaspolar orbits are the more popular choice, ISS
orbits are generally preferred for university-level satellite projects like Dalhousie
51 EOAOOEOUS O kely gv@n3he girfiphcydiAr@inhtaining the launch orbit from
the 1SS without need for major correction and alteratioB # EAT CET C AreqileOAT 1 EOA
propellant and thrusters which are an additional expense that occupies significant space on

the small satellite body.



2.3 Attitude Determination

This section briefly covers typical sensors and their applications onboard the
satellites described in the surveyed papers, be it in simulation or in hardware development
and flight. The sensors covered are magnetometers, Sun sensors, and gyroscopes. lgavin
more than one sensor type is preferable to decrease attitude determination errors and to
enable use of higheffidelity attitude determination algorithms. Any attitude errors will

propagate into control algorithms anddegradethe pointing accuracy of thesatellite.

Magnetometers measure the strength of the local magnetic field and provide an
actual three-dimensional vector to compare against the expected or desired vector. An
AAAOOAOGA 11T AT AOA 11T AAT T &£ AOOESO i Acl1 AOGEA EEA
most common attitude determination algorithms. The possibility of interference between
the magnetometers and magnetorquers is high, and thus determination and control must be
cycled. For example, the magnetometer onboard the launched AntelSat operates ayele
in tandem with the magnetorquers; of the 500 ms controller cycle, the magnetometers run
for 50 ms[16]. An 88% duty cycle was proposed for use onboard the AAUSAT2]. In
lvanov et a/d [64] simulation case, me second of the five second control phase is allotted to
attitude determination, with magnetometers sampled at a rate of 1 HZThe picosatellite
simulated in [55] cycles the magnetometer operation at a 90% duty cycle, 1 second
measuring for every 9 seconds of torqueing. With an ADCS cycle frequency of 3 Hz, the
determination portion in Slavinskisera/6 © OEIl O1 AOET 1T OAHAPTheT 1 U m8mg
LORIS CubeSat plans to use a sample rate of 1 Hz with a 90% duty cycle such that the
magnetometers operate for 0.1s and the magnetorquers operate for 0.9s.
Sun sensors measure light intensity and are used to determine the position of Sun
relative to the satellite bodyz ideal for use onboard CubeSats as a legost and welt
documented choice for reliable attitude determination. At least three sensors must be
illuminated for the satellite-to-Sun vector to be determined16]. The Sun vectors measured
are compared to theoreticallycalculated reference Sun vectors (Earth to Sun in J2000),
attainable within 0.01° accuracy{56]. The histogram inFigure 2 quantifies the number of
Sun sensors onboard the satellites in the surveyed literature, with six sensors (one per each
face) being the most common configuration. The legend of this and subsemi histograms
AEOOET COEOEAO AAOxAAT O, AOT AEAAG AT A O3EI Ol AGA
catalogued inTablesland2h xEEI A O3EiI Oi AOAAS OAEAOO O OEAI
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in the papers included in the scope of this chapter. Papers piaining to satellites yet to be
1 AOT AEAA AOA AAOACI OEOGAA AO O3EI O1 AOAAS8D®G
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Figure 2: Histogram of Number ofSunSensors Used in Surveyed Papers

Photodiodes arranged over all faces (occasionally excluding the Earth pointing face)
of the launched satellites catalogued iffable 1 are present for the AAU CubeS4dtl],
AAUSATI12], AntelSaf16], CSTBL [22], MOVEII [32], OPUSAT33], RAIK(O39], SOMP
[40], UKubel [45], and VELO>PII [46] missions.Sun sensors are assumed to be
photodiodA O OT 1 AOO 1T OEAOxEOA QORI h3 &IE EQ ARvad AGDAA 1461 11
PDEI O AET ARO AOOAT CAA xEOE A ETIix1T AT CI A AARAOxAA
intensity threshold placed above themTwo photodiodes comprise the functional portion of
thA OAOAIT 301 OAT O1 06 OOAA [bd, EXBADHRandOVEROXPIIA OT AEA A
[46] missions.In the literature, nonspecific Sun sensors are noted onboard the sidation
cases presented in the work of Colagrossif a/.[57], Kinger et a/.[58], Ovchinnikovet al.
[59], Lovera and Silanj60], and for AraMiSC1 in[10]. The simulated UY4 nanosatellite
low-AT OO0 ' $#3 AT 1T OAET O &£ 600 Ol E C Bégtsasd pa@elsOAA OO0
AOAAOCEIT-ctOBCBO& T HHITheGalirici@dl ESTCubk contains six twoaxis Sun
sensors placed on each side of the satellif27], while the UNSWECO features a CMOS Sun
sensor with a 150° field of view on one face of the gltite [61]. Microelectromechanical/
micro-optoelectromechanical systems (MEMS/MOEMS) Sun sensors are used onboard the
launched AeroCubes [15], COMPASS [21], DTUSaf62] and SwissCubg42] missionsz a
technology wellsuited to the scale of a CubeS&hotodiodes are sensitive to reflected light,
OAOiI AA OAT AAAT 6h EOT I T OEAO AMAUSATzEndidersthé AEAO A

AEEAADOO T £ AOOESO Al AAAT AO A OAmEI AAGAA O11 AO
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three faces of the satellite that see the highest current to determine the Sun vecit®]. In
OEA 13$#3 &£ O OEA 1 AOT AEAA 11 OAT 3A0 Al AAAT EO
AT 1 ET[A7]. Dhe same is true for launched COMPASSis per its associated thesig21].
Given the potental for Sun sensors to be in the shade from its deployed solar arrays, the
LORIS CubeSat plans to use 18 photodiodethree per side facing different directionsz
ATTT¢C xEOE A Oi AGEe &1 O AAAE OAT 01 0 O APDPI U A
limiting its field of view.

Gyroscopes (often contained within an inertial measurement unit (IMU) alongside a
magnetometer and accelerometer) measure the angular rates of the satellite. For thragis
stabilised systems, the gyroscope may saturate pektunch and becomeunusable[63], or
may be difficult to obtain data from in a sufficient resolution to satisfy mission pointing
requirements[64]8 ! O OOAEh 11T AT AOA 11 AAI O heoftéhEA OAOAI
necessary. Gyroscopes appear less frequently than magnetometers and Sun sensors
amongst the satellites inTable 1 but do appear onboard both hree-axis stabilised and spin
stabilised satellites. The LORIS CubeSat plans to use a thagés gyroscope to measure the
OAOAT 1 EOA8O AT ¢cOI AO OAOAOS

2.4 Attitude Determination Algorithms

Sensors that detect the attitude of the satellite in a useful forqpquaternions or
Euler anglesz do not exist, thus satellite attitude must be calculated based on values read
from the various sensors onboard. The use of three common and -aftilised determination
algorithms amongst the papers in the scope of this review aratalogued in this section
Thesealgorithms include TRIAD, quaternion estimation (QUEST) and Kalman filtering
including both Extended Kalman Filters (EKF) and Unscented Kalman Filters (UKBAs
shownin Figure 3, the extended Kalman filter is the favoured method of attitude

determination amongst the surveyed papers.
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Figure 3: Histogram of Determination Algorithms Used in Sweyed Papers
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2.4.1 TRIADand g-Method/ QUEST

The TRIAD algorithm for attitude determination estimates an attitude matrix
between two frames of referencg | T A ET AOOEAT AT A 11T A EEQGAA
principal inertial axesz from two different reference vectors in the former and their
corresponding sensor measurements in the latter. Most commonly, a calculable standard
Sun vector from Earth to Sun is used alongside the Sun vector from satellite to Sun obtained
from Sun sensor measurements as the firsteetor pair. The second pair typically comprises
a local magnetic field vector calculated according to thaternational Geomagnetic
Reference Field (GRF or World Magnetic Model WMM) geomagnetic field models
alongside the body magnetic field vector measad by onboard magnetometers. The TRIAD
algorithm is used with Sun sensor and magnetometer readings onboard the launched DICE
spacecraftf25]h " 1 A E 1-T[Z2]) VELBXPI1[47], and exists as one of the options for
the H-1-L simulation of the generic llliniSat2 bus[65]. The launched UNSYECO CubeSat
uses data from its Sun sensors, Earth sensor, and/or magnetometensits algorithm [61].

The ¢Method and quaternion estimator (QUEST) algorithms produce leastquares
estimates of satellite attitude using the same vector concept as in the TRIAD algorithm with
improved accuracy[66]. Typically, as with the TRIAD algorithm, QUEST estimates the

attitude quaternion based on measured magnetic field and Sun vectors from magnetometers

AT A 301 OAT O1T 00 ET OEA OAOAI 1 EOAS8O AT Ad AOAI A

O

OAAOT OO0 ET AT ETAOOEAI 10 1 OAERAET AA £ZADAT AA5 %D

are, on occasion, used interchangeably to refer to the method of quaternion attitude

determination via eigen decomposition, though the papers included in thisestion all refer

Agpl EAEOI U O OEAEO OAODPAAOEOA AAOAOI ET AOEI T

in simulation by Kamal et al.in [67] and Kingeret al.in [58]. The launched COMPASIH21]
uses the QUEST algorithm with magnetometer and Sun sensor readings, and the same is
developed (but not implemented) as a mechanism of attitude determination for the

launched AntelSat and AAU CubeSaf7] [66].
2.4.2 Extended and Unscentedalman Filter

Kalman filtering is a common means by which attitude and angular rate are
estimated onboard satellites, utilising discrete measurements of sensor data, models of their
expected valles, and models of expected bias and noise for each. Its predictive functionality
allows attitude to be predicted in the event of the loss of a sensor and can compensate for
the worsening of onboard sensor noise and bias with timg7]. Lovera and Silanj60] note

the necessity of a Kalman filter to attain unbiased state vector estimation when direct

A
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measurement is otherwise unavailable, as it is in the case of satellite attitude. Its most used

forms are the nonlinear Extended Kalman Filter (EKF) and Unscented Kalman Filter (UKF)

The EKF linearises a nonlinear systemmodel with respect tocurrent estimates of the

system states [68] . The UKHs deterministic and modelsthe systemstates as a probability

distribution [69].
Searcy and Pernick§64] develop an algorithm in simulation with two EKFs using

only magnetometer measurements for spinning satellites capable of determining attitude

within 1 of accuracy. Si Mohammeet a/.discuss the design of an EKF combining

magnetometer and Sun sensor readgs with modelled values in[70] and compare the

results with those of a UKF if71], the former preferable for its computational simplicity.

Ivanov et al.develop an EKF using a linearized angular rate dynamics model, quaternion

attitude, and measurements of induced EMF in the magnetorquejsl]. These authors use

the same Kalman filter for the small satellite simulation studyri [54] and [72]. A similar EKF

using only magnetometer data was implemented for the generic lllinS& bus HI-L

simulation described in[65]. Tortora et al.[73] developedan EKFapplicableto tumbling

spacecraftwhile Sugimuraer a/.[48] developed a determination algorithm using two EKFs

Pointing the launched UNSVWECO CubeSat involves an EKF with readings fraati onboard

attitude sensors listed inTable1 [61], as does the launched StudSat[41]. Habib presents a

simulation case in[74] for the small EGYPTSAR® satellite wherein an EKF is developed

AAGAA 11T T1TACTAOI i AGAOh ' 03h Adkdimagfikéisusedd AOOOAIT A

onboard the UKubel for gyroscope E AO AT OOAAOQEI T OOET C OAAAET CO

horizon sensor and magnetometer$45]. The launched AAU CubeSat uses an EKF with Sun

sensor and magnetometer data as one of two determination methods onbodj@b] . Lastly,

Lietal[63] DOAOCAT 61 AOOEZ UOAOA £EEI OAOET ¢ Al ¢T OEOEI xEC
Launched AAUSAT3 implements dKFwith measured Sun vector, magnetic field

vector, and angular rates in the body frame, ahpredicted eclipse status, control torque, Sun

and magnetic field vectors in the standard Eartitentred-inertial reference frame[12]. A

simulation case for the ESTCubé& mission is studied in[27] wherein a UKF is used for both

attitude and bias estimation. The UKF developed for the AntelSat uses Sun, magnetic field,

and rate sensor readings and includes quaternion axial error among its state variablgs].

The launched GOM-1 mission contains a similar UKF that uses Sun, magnetic field, and

angular rate as inputs[75].de Oliveiraeral[4]| AAOECT AT OO1 OAAT OAA NOAO/

for the attitude determination component of the UYSL nanosatellite ADCS.
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The LORIS CubeSat plans to use thévgethod algorithm analogous to the QUEST
algorithm first proposed by Shuster in 1981]76] in combination with a dynamic model
integrated into an EKF based on Yar{@7] to estimate the attitude and angular rates of the

satellite.

2.5 Attitude Controllers

This review focuses on the use of8ot detumbling control and proportional -
derivative pointing control; however, other commonly used magnetically actuated
controllers include the linear quadratic regulator (LQR)z another type of state feedback
control z and model predictive control (MPC), whichas thel AT A OOCCAOOOh DOAAE,

values from discrete measurements over a finite horizoflL2].

2.5.1 B-dot Control

TheBAT O Al CI OEOEI EO A POI BT OOEI T AT AT 1T 00111
post-launch detumbling phase and cabe modified to act as a coarse nominal attitude
controller. Its simplicity can cause instability and poor controllability in the presence of
external disturbances, and it tends to best suit inclined orbits with significant variation in
their magnetic field direction [78]. Typical Bdot controllers are used for coarse attitude and
detumbling control onboard the launched AAU CubeS§t1], AAUSATI12], AntelSat[16],
ARG1 [79], Chasqui 1]19], CINEMA 1[20], COMPASS [21], CXBN[24], Dove-2 [26]
DTUSat62], MOVEII [80], UNSWECO0[37], STUDSATL [41], SwissCubd42], andUKube 1
[45] missions. The generic llliniSat02 bus H-L simulation implements the typical algorithm

as a control option[65].

The B-dot algorithm is often modified to better suit specific mission requirements.
Ovchinnikov et al.[59] propose a Bdot control algorithm for a simulated axisymmetric
satellite to reorient its axis of symmetry/spin axis and damp satellite nutation using only the
magnetorquer along its spin axis. Roldugin and Testaf81] simulate the B-dot algorithm to
detumble the satellite using the same nutatiordamping modification (and reorientation
controllers). The module for active debris removal proposed and simulated ifY8] attaches
EOOAI £ OEA OAOCEAO O1 Al OOT AT T PAQOA@ENOAS OAOCAOD
schemeAl ET ET AOET ¢ OEA OODPAAA OAOI &6 ET OEA 1T ACT AOI
than the unmodified law while consuming less power. The-#ot control scheme designed
for the proposed nanosatellite ITMSAT by Kumaet a/.[82] adds a magnetic moment offset
component. The offset aligns the satellite with the local magnetic field along a chosen

satellite axis as opposedo an arbitrary axis as in the unmodified algorithm[82] . In the low
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cost attitude simulator proposed by Santiago and Velas¢d9], the time derivative of the
magnetic field is estimated from subsegent samples and their sampling interval, and the
current required to power the magnetorqueris solved from the calculated magnetic dipole
moment vector. Liet al[63] propose an improved Bdot method unaffected by
magnetomete measurement noise to work in tandem with an extended Kalman filter
angular rate estimation scheme. Lastly, the launched TigriSat uses a modifiedi@&®
controller that adds a proportional term to the dipole moment acting on the pointing error
[43].

2.5.2 Proportional-Derivative Control

Proportional-derivative (PD) controllers are a common choice for attitude control
wherein the control torque is calculated relative toattitude quaternion error and satellite
angular rate error [48]. These errors are defined as the difference between the orbital
OAZAOAT AA EOAT A I OEAT OAA ET OEA OAOAI 1 EOAGO A
reference frame fixed to the satellite. Controller gains can be designed in any number of
ways, including pole-placement techniques or through trial and error. The same restrictions
on torque apply as in the Bdot case: the achievable magnetic moment is determined from
the pseudoinverse of the local magnetic field vector (or some variation therep48]) to
constrain the torque normal to its direction. The references for the controller are a rate
error of zero and a quaternion errorofff p 1 T T (unity scalar part) as
demonstrated, for example, in the simulated design by Lovera amstolfi [83]. Theoretical
PD controllers operating under these conditions are proposed by Celdi®4] who simplifies
, T OAOA AT A 1 00T 1 AZEGO AAOGECT O AiimoeEOA O1i1 Al U
Sugimuraet al.[48] with a singularity robust (SR) inverse matrix for a nadirpointing
microsatellite, by lvanoveta/[S4] AAOAA 11 OEA AOQOOE[r26wSi POAOET OO
Mohammed et al.[71] with gains designed by selecting a desirable damping ratand
undamped natural frequency, andy Torcyznski ef al.in [85]. Torcyznskiet al.[85] report
that the PD controller performs better in simulation than an LQR under the same conditions,
settling 700 seconds faster within an equal degree of accuracy.[B], Celani designs a PD
control law based on his previous work in84], where exponential stability of the control
law is proven at length[6]. The case study for a negpolar circular orbit converges within
five orbits z a common result with papers[84] [86], and[6]. Giri et a/.[86] note in the design
of their PD controller that issuesmay arise under high initial angular rate conditions with
generating sufficient magnetic moments, though the periodicity of the magnetic field
OAT AAOO OEA OUOOAIT  (88]l. ThédbmulateédinAgndiicaliyidctuaedd A OACA 6
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tethered nanosatellite in descent studied by Kamaét al.in [67] is controlled by a simple PD

controller with Euler angle and angular rate feedback67]. Della Rossa, Lovera, and Dercole

[87] propose an adaptive PHike control law for an Earth pointing satellite. Lovera and

1 0011 £ZEG6 O b @daHs & of OBEET AT 1 O001T1 1 Ax60 AAOEO
utilisi ng averaging theory{8718 4 EA 1 AOT AEAA #8". #OAA3AO OOEIE
onboard for pointing [24] . Lastly, Inamoriet a/.[89] propose a PD controller to perform a

series of sequential rotations to attain simulated threeaxis control.

2.6 Pointing Accuracy

In this section, magnetic attitude control pointing accuracies are considered to hold
only for simulation cases, as orbit accuracies could not be numerically verified for the
majority of satellites successfully launched.

Among the spinstabilised solelymagnetically-actuated CubeSats listed iffable 1,
the ParkinsonSat mission requires an owrbit accuracy of +23 in pointing its side panels
towards Sun for a slow spin about its ZAxis[34]. Similarly, the Zaxis spinstabilised
AeroCube 6A/6B missim requires a pointing accuracy in the vicinity of 30[14], having
achieved anaverage steadystate error of 20 during its differential drag profile phase and
6 during its spin control phase in simulation[15]. A 20° pointing accuracy was specified as
a mission requirement for the Chasqui 1 mission to maintain ground communication,
though its failure to communicate postlaunch means its success cannot be assesg#f].
The proposed SamSafB50[35] and other launched QB50 CubeSats VZLUS4B8], X-
CubeSaf90], andQBUS satellite$36] are designed to meet a 20pointing accuracy
requirement for the QB50 mission, and mission requirement for the pointing accuracy of the
QB50 UNSW QB50 ECO CubeSat was set at 10°, with a determination accuracy[8f72°
Specific pointing accuracies achieved for the QB50 satellites pdaunch are not noted. The

best QB50 accuracy in simulation was obtained for the Aak® at 15 [91].

Ivanov et al.[51] obtain a pointing accuracy of 13° for their simulated ADCS that
uses electromotive force measurements, an EKF, and a PD control law. A mean pointing
error of 12 was achieved in simulation in the design of the ADCS for the COMPASS
CubeSat, though its omrbit success cannot be assessed due to bugs in its software resulting
in an inability to estimate its attitude in orbit [21]. AntelSatobtains a pointing accuracy of
under 10° with its B-dot control law and nominal linear PDlike control law in simulation
only [16]. The simulation case studied by Ovchinnikoer a/.[54] achieves a worstcase

pointing accuracy of 10° with its PD controller and EKF, worsening in the presemof
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external disturbances[54]. Ovchinnikovet al.[72] also achieve a simulated pointing
accuracy of 10° in the presence of modelled disturbances and measurement noise and a
simulated pointing accuracy of 20° at low orbit inclinations for a PD controller. In line with
typical picosat pointing requirements, Colagrossi and Lavagrja7] achieve a pointing
accuracy of 10° to 15° for their simulation testcase 3U CubeSat. Thgeneticallytuned LQR
controller designed in[92] obtained a pointing accuracy in simulation within the 10° range,
at the cost of a complex and tmé& 1 T OO1 ET ¢ AT 1 00111 A0 OOTEI C POI A
a pointing accuracy in line with the required 10° in pitch and roll and 20° in yaw for the
small @rded satellite infinite horizon LQR simulation case studied if93]. In[94], Orsted
requirements are altered to be 10° about each axis, obtained via the PD control law and
stability assessment simuhtions within. For the CubeSat simulation case i52], a 10°
pointing accuracy is achieved via the genetic control algorithm with fuzzZpgic. Gomx1
[29], HIT-Sat[30], OPUSAT33], andCINEMA 1[20] CubeSats have pointing accuracy
mission requirements of10 specified, though their respective ororbit results cannot be
verified. For the MOVEII in [80], it is noted that increasing the spin rate of the satellite can

increase its pointing accuracy beyond the 10° obtained in simulation.

Accuraciesobtained in the range of 2°z7 8° were common amongst thesurveyed
papers in simulation only. The AAU CubeSHt1], STUDSAT [41], and SwissCub§ 2] had
pointing accuracy mission requirements of 8, though it is not apparentf this requirement
was satisfied for the missions. IITMSAT [80] is designed to meet a pointing requirement of
5° maintained for the majority of the orbit but drops to around 20° at the poles for the
proposed control algorithm. The LQR and PD controllersraulated in Torczynski et a/d O
analysis in[85] obtain maximum steadystate errors of 5.5° and 2° respectively, both in the
range of the required 5° about each axis. The LQR controller designed and simulate P
meets its pointing requirement accuracy of 5° within 5 orbitsAccuracies of 5° were
required of the SOMR40], UKube-1 [44], DICE[25], and AAUSAT12] missions, though
results were not numerically reported. The simulation of UniSat5 [81] (excluding the
reaction wheels later added to the mission) oldins a pointing accuracy of 4° for its spin
stabilised magnetic attitude control systemPointing accuracies of 3° in each axis were
obtained in simulation for the low-cost ADCS systeran the proposed UYSL nanosatellite
[4]. The proposed alternate highprecision ADCSor the UYS1 nanosatellitewith a suite of

reaction wheels and a star trackecould obtain accuraciesbetter than 0.5°in simulation [4].
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The most acurate of the relevant simulated cases include the simulation case
considered by Sugimuraet al.[48] where an orbit average pointing accuracy of 1.56° was
obtained for the Sunpointing orbit and of 2.64° for the ISS orbit. Théinest accuracies
catalogued inTable 2 were for the CXBN and ESTCukemissions. The pointing accuracy for
the slowly spinning CXBN missioi24] was proposed to be around 2°, though numerical 6n
orbit results were not reported. Some difficulty was experienced in initially obtaining the
desired photographs from the ESTCubé [28] (with an estimated pointing accuracy of 3°)
due in part to the necessity of recalibrating the ADCS after launch, though eventually it
achieved its mission objective. These papers suggest that accuracies better than 5° are
theoretically achievable, more so for magetic spin stabilisation, but sources of noise and
robustness in the presence of high initial spin rates should be carefully considered in the
ADCS design. Obtainable pointing accuracies for magnetic control vary greatly in simulation
depending primarily on the magnitude of disturbances assumed to be acting upon the

satellite.

2.7 Literature Review- Summary

This survey offers an indepth look at the field of solelymagnetic attitude control for
CubeSats, focusing on those with particular relevance to the proped LORIS satellite ADCS
design. Solelymagnetic three-axis stabilisation is yet to obtain high degrees of pointing
accuracy validated in orbit. As shown in the simulated results of many of the papers,
satellite pointing in its steady state adopts a slowl exponentially decreasing sinusoidal
profile, indicating constant sideto-side motion of the satellite about all three axes. Some
examples of this sinusoidal motion are in Sugimuraf a/.[48] with an approximate period of
1.5 oscillations/hour and one oscillation per orbit for both the PD control law and LQR
control law in Torczynskieta/d O OEI B5JAOEIT 1 O

Based on this review, magnetometers, gyroscopes, and Sun sensors, all of which are
planned for use onboard LORIS, are the most commonly documented and utilised attitude
determination sensors for CubeSatg preferable for their low cost and relative ease of
implementation. Focus will be placed in this thesis on developing models for these sensors
and incorporating them into a LORIS CubeSat simulation tool. An attitude determination
OUOOAT AAPAAT A 1T &£ AOOEI AGET ¢ OEA susnyg #OAA3AOQ
Method (analogous to the QUEST algorithm first proposed by Shuster in 195756]) and

extended Kalman filtering will then be incorporated into the simulator. The performance of
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B-dot and magneticallyactuated PD controwill initially be investigated using the simulator,
after which the performance of reaction wheels will be investigated.

Therein lies the primary goal for the simulation tool designed in this thesis: the
creation of a modular and realistic environment inwhich different attitude controllers and
determination algorithms can be developed, validated, and assessed in regards to the LORIS

mission requirements.
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Chapter 3:Simulator Development

AppendicesA and Bcontain the coordinate frame definitionsand transformations

between themupon which all subsequent simulator development and validation are based.

The LORIS simulation environment was built in MATLABSImulink, with satellite
dynamics modelled using3 E | O 1 Simséape@ultibodytoolbox. As shown inFigure 4, the
OEIi O1 AOT O EO 1 OQuAdtidhalyeluivElénQd Sin@ikk subsyEténdgssorted
into five overarching categories: orbit,environment, determination, control, and satellite
Orbit blocks contain the algorithms that define the orbit geometricallyand propagate the
OAOAT 1 EOAB8O 1T OAEOAIT | 1 Oradddl thespace@mviroAngenteeld OE OT T 1 Al
external disturbancesexperiencedby the satellite throughout its mission. Determination
and control blocks model the hardware and software components of the AD@®oducing
control torques which are then carried to the satellite blockg€ontaining the Simscape model

of the satellite.
Inreference toFigure4ah OEA O/ OAE O |rapagaes qdOG\ ORdoAl OIAKED

AOT 1 xEEAE OEA O/ dednietdcally defibk thd okit OIOH OEAMA GOAOAT T EO

calculated.The location of the CubeSat within its orbialongside readings from%A OOE 6 O

O, 1T AAT -ACT AOGEA &EAI A6 | TaeAOAALI OI AABGDADT EDAEDE
$EOODOOAAIT Atfe Cdbbsatetplriéntes from the environmenfE A # OAA3 A08 O
I TAAGETI T AT A CEOAT O4 Hocale SAnivia DS HDA @ AEA OATl AR 6O OA

andto determine if the CubeSats transiting throughO %A1 EDOA ADE4 BA | ®XOEOOAAG

block calculates the quaternion describing the orientation of the CubeSat based on noisy

i AAOOGOAT AT 66 &EO1T I AT OE OEA 06301 3AT 01 0 30A0UOGO
AT T AETAGET T xEOE OEA AADAICAAIOAAAQBOOE R AADAAA A
OAAOI 008 4EA OAOOI OEIT ¢ AAGEGEAD O AoKneyadiMomaieE T T A£OT
i AAOOGOAIT AT 6O &EOT 1  Odrdhcontbindd @ith @iiritenAl attitlddd\ AT 6

dynamics model inAT  O%@OAT AAA +AlT 1T AT &E1I OAO6 O DOI OEA/
#OAA3AO60 1 OEAT OAGET T AT A AT CcOl AO OAOAOG8s ! O#l
xEEAE AT T 00111 A0 EO AAET ¢ O OkagnetioB-ATAD T#IOT O OTOEA
O- ACiPbGankobh T O OEA O2AAAOET4EAEARIAN AB OADADIOIAA A
simulates the attitude dynamics of the CubeSat, and encompasée& A O3 AOAT 1 EOA -1 A

3AT 01T O 30A0UOOAT 6h AT A OETAbled préviids & detailed 7 EAAT 3 OA

description of each of the blocks irFigure 4 and includesthe inputs and outputs to each
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block. In the table, nputs from the MATLAB workspace are indicated with an asterisk.

Wi OEOPAAA OAOEAAI AO AOA AiipEIAA ETOI OxI AOO
mass, inertia matrix, and other reévant geometric properties of the Simscape satellite

iTAAT & O OOA 1 OOOEAA 1T &£ 3EIi OAAPA ET OEA OEI Ol
planetary constant parameters for Earth, defining its shape angravitation. The set of initial
conditions (IC)are O1T OPAA O1T CAOEAO AO ET POO O)#d6 AT A AOA
3.1.1
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Figure 4: Simulator High-Level Subsystem BlockDiagram
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Block Inputs Outputs Description
This block contains a simple
accelerationbased feedback
Orbit Earth* Orbital radius loop that propagates the
Propagator IC* Orbital velocity orbit based on the initial
conditions described in
Section3.1.1
This block calculates the
i) _ Earth* Orbital elements cIassu;aI orbital eIements_at
O | Orbital . . each timestep, and contains
Orbital radius True anomaly . ;
Elements . ; a function allowing true
Orbital velocity H .
anomaly to increase
infinitely
This block contains
Coordinate Earth* Altitude MATLAB function blocks for
Transformations Orbital radius Latitude each of the coordinate
GMT Longitude transformations described
in Appendix B.
This block uses simulation
time to increase the time
GMT and date based on the epoch
IC ) . g
. . L Vector date value assigned in the driving
Time and Date | Simulation time : . .
Vector dae* De_C|maI date routine. Its outputs include
Julian date the current date inthree
formats and thelocal
sidereal time
N This blockcalculates the
Earth . o
- ; . relative position between
c | SunReference Orbital radius Sunreference .
3] . . . Earth andSun, and uses this
£ | and Eclipse Julian date Eclipse .
= . value to determine when
S Sunvector estimate o .
= the satellite is in eclipse
UEJ Altitude
Latitude This block contains thelocal
Local Magnetic | Longitude Maanetic field magnetic field model and
Field Decimal date 9 coordinate transformations
GMT thereof
Orbital elements
*
gzgl]lite* This block outputs the
LEO Disturbance . . Disturbance summation of the four
Orbital radius
Torques . : torques modelled external
CTiEl VEIER disturbance torques
Magnetic field q
This block models sensor
noise for two
c Magnetometer Magnetic field Magnetic field magnetometers, and
S | Models Noise parameters* (noisy) outputs BF magnetic field
§ vectors that emulate noisy
= sensor readings from each
o) This block models sensor
o ) )
O | Gyroscope Actual angular rate Angular rate no;zz(;ndedarlnféfglrj:hﬁts A BF
Model Noise parameters* (noisy) gy b P

rate vector that emulates its
noisy sensor readings
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Block Inputs Outputs Description
This block estimates the
Sun reference OAOAT 1 EOAGO A
g-Method Sun vector Attitude estimate quaternion based on
Attitude Magnetic field modelled sensor readings
Magnetic field (noisy) and their associated
reference vectors
This block contains the
c : extended Kalman filter,
S Satellite whose attitude quaternion
© | Extended EKF tuning* EKF attitude g
£ . . and angular rate vector
£ | Kalman Filter Angular rate (noisy) EKF angular rate ! ;
= ; . estimate outputs improve
) Attitude estimate
] upon those based on raw
o sensor readings
This block transforms the
EKF attitude quaternion and
. angular rate estimates from
EKE EKF attitude EKF attitude ECI to BE/NP, redefining
: error
Transformations | EKF angular rate each as the error between
EKF rate error . .
the desired attitude/rate
and the current
attitude/rate
Magnetic BDot | Magnetic field (noisy) | B-dot control This block contains the B
Control B-dot tuning* torque dot detumbling controller
: EKF attitude error This block contains the
Magnetic PD .
EKF rate error PD control torque | magnetic PD controller,
Control . —
Magnetic PD tuning presently unused
°© This block applies a 90%
g duty cycle to the Bdot
O B-dot control torque Control toraue control torque signal. The
Control Switch Simulation time (cycle) g control switch signal that
and Duty Cycle | Sun vector y . switches between the
Control switch . o
Angular rate detumbling and pointing
controllers is computed
separately
Actual attitude . .
4 00A AT T 1 AJ Actual angular This block contains all
. Simscape components for
Disturbance torques | rate N AN A AL AR
Magnetic control Actual attitude OEI OF AOEIL C OF
Al AU AUl Al EAQ
torques error outputs are gleaned from
Simscape Control torque (cycle) | Actual rate error P! 9
multibody transform
Sun reference Actual Euler
: sensors and are used as a
EKF attitude error angles . :
© basis of comparison for
= EKF rate error Actual wheel . . ;
= . their matching estimated
9 Control Switch speeds
3 values

Satellite Model

Satellite*

Satellite model
Sun sensor
locations

This block contains the
Simscape model to be
actuated, with reference
frames defined along its
principal inertial axes and
on each ofits surfaces to
locate the Sun sensor
assembly
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Block Inputs Outputs Description
This block computes the
Sun vector estimate
between satellite and Sun
with added photodiode
sensor noise and geometric
Noise parameters* interference from the
Sun Sensor Sun vector -
Sun reference satellite model. The use
Subsystem . Sun sensor status .
Sun sensor locations status of each Sun sensor is
output to the workspace to
track the frequency of
shadowing from the
OAOAT 1 EOAGO A
panels
This block contains all
EKF attitude error reaction wheel components,
Reaction Wheel | EKF rate error Wheel torques including PD controllers for
Subsystem Control switch Wheel speeds their individual voltages and
DC motor model* separate DC motor models
for each

Satellite

3.1 Orbit Definition
Within the simulator, parameters defining the geometry and orientation of the

OAOAI 1 EOAGO 1T OAEO AOA T AOAETAA &EO011 OEA .1 O0O0E
(NORAD) twaline element (TLE) set for the ISS Zarya module, effectivellyiplicating its
orbit for the simulated CubeSat. A single TLE set is used to obtain the initial parameters for

the CubeSat orbit including its epoch time and date which define the point at which orbit
propagation is set to begin. The initial orbital posibn is calculated for the satellite at epoch
and the orbit is propagated from this point.Equations in this section are defined relative to

the Earth-centred inertial (ECI) coordinate frame defined in Appendix A.

3.1.1 Two-Line Elements
The TLEdefining the simO1 AOT 08 O E 1 i& shé&wh InTaBlé4dwABGET T O

Al OOAOPI T AET ¢ AAEZET EOCEIT 1 £ AANAdes.oOftke AT OOU O! 6
eighteen TLE entries, only the following six are needed in the simulator: the epoch ordinal
AAOA Owoh 1 AAT AT T 1 AEQEO1AOGAET GEET ADVKEI DED- AGAA

AAAAT OOEAEOU O/ 6h AT A AOCédeAwadobtaied b hOdayAA 006 8
afternoon of 26 April 2019.

Table4: Two-Line Element Sef96]
ISS (ZARYA)

1 25544U 98067A 19116.54834 .00001183 00000-0 26373-4 0 9995
2 | 25544 51.6413 257.8729 0001068 231.7821 251.6112 15.5259257
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Table5: Two-Line Element Set Entry Definitiong96] [97, p. 60]

C D E F G H | J
L M N (0] P Q R
Satellite name
Line number

NORAD satellite number (U =unclassified)

International designator (launch year | launch number of the year | object number of launch

Epoch year | day number of the year.current fraction of day

First derivative of mean motion (rate of change of number of orbit revolutionsri rev/day)

Second derivative of mean motion (terminal orbit decay if© AT® A )

BSTAR drag term and its associated power of 10°i}

Ephemeris/orbital propagation model (SGP4 model assumed, value is always zero)

Checksum/total number of TLE generated for spacecraft

Line number

NORAD satellite number

Inclination (deg)

Right ascension of the ascending node (deg)

Orbit eccentricity (assume 0.XXXXXXXX)

Argument of perigee (deg)

Mean anomaly (deg)

VDO|ITIOIZIZ T |XNICT|T|oMMOO|@ > X W >

Mean motion(rev/day) | orbit number at ascending node epoch | checksum

The right ascension of the ascending node, argument of perigee and inclination
obtained from the TLE are illustratedFigure 5, where » }; is the radius of perigee in the ECI

frame, ancd is the line of nodes.

E

Figure 5: RAAN, Argument of Perigee, and Inclination in ECI
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The right ascensim of the ascending node (RAAN) (alternatively termed the
OAOCOI ATO T &£/ OEA AOGAAT AET ¢ 11 AAagisandifesiebfAO OEA
nodesd directed along the intersection between the orbital and equatorial planef7, p.

54]. It is calculated in the simulator via the followind97] [98]:

O B 1> 1
" %oEa )
ATlng 1o 2

"W %oEa 2

where k and E are unit vectors in ECl definedasp m 1 and m p T , respectively,

and the orbital angular momentum is given by the ECI radius and velocity @7, p. 54]:
I » O (3)

Then,
m AOAO® M I (4)
Orbit inclination defines the angle between the orbital and equatorial plane3he
initial value for orbit inclination “(s obtained from the TLE; it is assumed that this value is
maintained throughout an unperturbed orbit. Inclination can be calculated from the ECI
orbital angular momentum vector | via the following relation [97, p. 54}

Q Al O—I o
0 (5)

Within the scope of this simulator, a twebody orbit propagator is used which
TAcil AAOO OEA COAOEOAOEIT AT AEEAAOO T £ -1T1717Th 30
assumption,m] , andhould not change with time.To validate the orbit propagaton
within the simulator, each of these three angles are calculated at each time step using

Equations1 through 5 to ensure they remain constant with respect to the initial TLE values.

These angles constitute three of six classical orbital elements which can be used to
AAOAOEAA A OAOAT 1 EOABO 1T OAEO8nemstak: odihi AET ET ¢ OE
eccentricity, orbit semimajor axis, and the true anomaly. Orbit eccentricity and orbit
semimajor axis should remain constant when using a twbody propagator, while the true

anomaly can be calculated from the mean anomaly obtained from tA&.E.
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Eccentricity defines the oblateness of the orbit. The eccentricity vector is directed
along the semimajor axis and is considered positive in the perigee direction. It is calculated

as follows[97, p. 53]

(6)

where | is the orbital angular momentum, defined in ECI g97, p. 53}

I » o (7)

The scalar value for eccentricity is found vighe norm of its vector:
Q Ayt
Eccentricity should maintain a constant value in the absence of external perturbations,
equivalent to that initially obtained from the TLE. An eccentricity of zero corresponds to a
circular orbit while elliptical orbits have values ranging between 0 and 1.
The argument of perigee angle is drawn between the line of nodes! and the

perigee of the orbit» ;. The line of nodes is defined by the followinf®7, p. 54}
L | (8)

As the perigee radius coincides with the eccentricity vector, the argument of perigee can be

found as follows[97, p. 54}

4o
AT 9Fg (9)

The guadrant condition is as followq97, p. 54}
T 1 pUnNEAgI =
pymnd ocoemE/LEgIE n
The argument of perigee taken from the TLE appears in the first quadrant and thus no logic
is required to place it in the correct quadrant after the initial calculation.
With the line of nodes direction defined using the RAAN 498]:
ATn®
il O &j
T

and the orbit normal defined ag98]:

|
Q
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the argument of perigee can then be defined relative to the true anomdB8]:

o S
ogl — —
o »
Al10O — i
1 AOADET —RATIO0 — — (10)

This approach is currently implemented in the simulatorTo maintain the argument of
perigee within the range of 0° to 360°¢" is added to the radian value if the difference in the
above equation results in a negative value for.

The initial value for the semimajor axisbof the orbit is defined from the radius at
perigee and the TLE eccentricity. Perigee radius in the simulator was obtained from
perigee altitudeQ from the TLE data compiled orj99]. The semimajor axis is then obtained

as[97, p. 39]
l

© 55 (11)
4AEA OOOA ATTTAI U AAEET AO OEA OAOAI T EOABO
i OAEOSO DAOECAAS )OO EIEOEAI OAI OA EO 1 AOAE

the mean anomaly0 is defined by the mean motiore z the number of orbit revolutions per
day as reported in the TLE; and the time since perigee passage for the datag@0o, p. 88].
To obtain the true anomaly from this reported angle, it is necessary to define aecentric
anomaly which arisesfrom the definition of the orbit ellipse in polar form [100, p. 84] The
TLE epoch time as given by the ordinal date entry defines the start time for the simulator. As
such, the true anomaly given by the mean anomaly i®nzero (i.e. simulations do not start
at orbit perigee). The mean anomaly is given in degrees and must be converted to radians
for use in the equations that follow.
Figure 6 illustrates the true anomaly, eccentric anomaly, and mean anomaly for a
highly elliptical orbit at an arbitrary orbital radius drawn in red. The radius of the outer grey
circle is equal to the semimajor axis of the elliptical orbiand thus both orbits have equal
values of mean motiorg. At any positioni occurring at time owith true anomaly —and
known time of perigee passage , the expressionh & 0 0 determines the mean
ATTT AT U ET OAOI O T &£ +API AOBO OEEOA 1 Axag OEA
atbl EO ANOEOAT AT O O1 O& AOin hedaligticalntdix 2 -B[drop. 460 OET C

These areas are denoted on the diagram aéand B, respectively.

-_)

A O



30

Figure 6: True Anomaly, Eccentric Anomaly, and Mean Anomaly for an Arbitrary Point in an
Elliptical Orbit

The eccentric anomaly can be obtained from the mean anomalia the following relation
[97, p. 47}
0 O QOEJ (12)

The true anomaly is then obtained from the eccentric anomaly by solvir{§7, p. 47}

. — p Q. .Q
% o’ (13)

To obtain the true anomaly at any subsequent point in the orbit, thimllowing relation is
used[98]:
Ok b o
o
R (
Al —_—
-0 a

— AOCADEWAT-O (14)

3
€

The true anomaly varies between 0° to 360° with 0° defined at perigee and is
positive inthe ssOAT 1 EOAS O AEOAAOQETT 1T &£ OOAOGAI 8 I AT OOAA
round calculated values oA 1-© p down to 1. This correction is the result of numerical
integration errors during orbit propagation which, at worst, are on the order ofp T when
recalculating the orbital elements at each time step.
To prevent anomalous and discontinuous results that would otherwise arise in the

simulator at the point where the true anomaly resets from 360° back to 0°, the value of the
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true anomaly isallowed to monotonically increase with time beyond 360°. This continuity
compensation is handled in the simulator using a custom MATLAB function block with a
discretized input true anomaly value (between 0° to 360, calculated via Equatiorl4 at a
sample time of one second. The calculated true anomaly value is compared to the value from
the previous timestep; if the current value is less than the previous value, an agmriate

integer multiple of ¢* is added to the current true anomaly value to ensure continuity of the

true anomaly being calculated.

3.2 Orbit Dynamics

The final equations needed to define the orbit dynamics within the simulator are
those required for orbit propagation: orbital radius, orbital velocity, and orbital
acceleration.These equations are defined relative to the Earthentred inertial (ECI) and
perifocal reference frames described in Appendix A.

In the simulator, initial vectors are obtained for the orbital radius and velocity in the
ECI frame. These values are used to calculate the orbital acceleration at each time step, and
subsequent values are obtained by integrating this acceleration term.

An initial value for the ECI radius at epoch is obtained in the perifocal frame of
reference using initial values obtained from the TLE. The orbital radius can be expressed in
the perifocal frame as followq97, p. 51}

i A I—Q
> i OB+ (15)
T
where —is the initial value of the true anomaly at epoch and r is the radius at epoch,
calculated via the orbit equation[97, p. 51}
wp Q
p QAT (16)

The initial orbital radius in ECI isthen obtained via the perifocal to ECI rotation matrix:

> F »

Angle data used in the rotation matrixg is obtained from the epoch TLE. This vector is

used as an initial condition in the corresponding integrator block in the simulator.
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Similarly, the initial velocity is obtained in the perifocal frame as follow$97, p. 52}

" Lokt
r] 1
11 1

© e, 1 (17)
=10 Ai-&
(N ]
u T v

where values for the eccentricityQand semilatus rectumr) are obtained from the same TLE
as the epoch. The ECI initial velocity used as the initial condition in its corresponding
integrator block is obtained as follows for the same rotation matrix as sl for the orbital
radius:
(] |= O

The method of orbit propagation used in the simulator centres around the
calculation of the Keplerian instantaneous acceleration at each timestep, and the integration
of this value to obtain its associated orbithvelocity and radius. The instantaneous

acceleration is given by[97, p. 72}
+ 1 (18)

where I is the sum of all perturbing accelerations acting upon the satellit€&or the scope of
this research,l it is assumed to be zero. It is also assumed that the location of the CubeSat
within its orbit can be precisely determinedat any given time This assumption eliminates

the potential for errors in determining the reference attitude of the satellite

3.2.1 Simscape Coordinate Frame Definition
Appendix A defines the coordinate frames used throughout simulator development,

four of which are ofrelevanceto this section. The ECI and perifocal framegefine the
location of the centre of the Earth angbosition of orbital plane relative to it, while the Nadir
Pointing (NP) and BodyFixed (BF) frames defined the desired nadipointing attitude and
the orientatonT £ OEA OT OAOET ¢ OAOAI 1 EOA ORe AOEOA Oi
transformations between these frames are detailed in Appendix B.
Three main coordinate frameswith respect to which satellite dynamics are defined
are used withinSimscape. The S@AADA | O1 OEAT AU O71 O A RODAT Ad
frame described inAppendix A The NPframe is definedfrom the ECI frame via dhree-step

sequencecombining the transformations drawn in Appendix B The ECI to perifocal
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transformation matrix g is set constant in aigid transform block, which is connected as

OEA OA A @AaultiEs@yrévaiute joint with an input motion signal taking in the

infinitely increasing true anomaly values 4 EA O/l 1 1 1 x Ajdriis o@théciedto £OT I O
another rigid transform block containing the last component of the perifocal to NP

transformation, the transpose of the productr “7¢ g “7¢ :

T T p
F p T T
mT o p T

Lastly, the BFframe is defined asa reference frame in thesatellite model multibody solid

block, with+ Z oriented along theproper axis according to the model being used.

3.2.2 Satellite Model

Simulator development initial analysesand algorithm validation were based on two
simplified geometriesz a 1U cube and a 2U prism while final results were obtained for
geometry based on an interim model of the LORIS CubeSHte three geometriesalong with
the orientation of the body-fixed (BF) axesare illustrated in Figure 7, Figure 8, andFigure 9,
respectively. The body£E 3AA A£OAI A EO AI ECTI AA xEOE OEA OAOA
EOO 1T OECET AO OEA OAOAI 1 EOAGO AAT OOA ththe 1 AGO O
orbital radius) and its +X axis lies in the direction of spacecraft propagation (aligned with

the body-fixed spacecraft velocity vector).

J y

Z Z

Figure7q, 153 * AT | Figuresd, Oc¢ 56 ' Figuredd O&ET Al f]

Relevant mass properties for the three geometries are detailed ifiable 6. For the 1U and 2U
models,the mass and inertia matrices were calculated based on a default density value of
p M TEM assigned in their respective Simscape multibody solid block$he properties
and dimensionsfor the final geometrywere obtained from the LORIS satelliteSolidWorks
AOOGAT AT UBO 1T.AOO POT PAOOEAO



Table 6: Parameters for Satellite Geometries
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Model | Parameter | Value
1U
Dimensions T TP TR
Mass @ pEC
Principal Moments of Inertia O T8t p QEpCKI
0  T8UT p R
0T8T p QEpCXi
Centre of Mass ) m
#1 - 1|
T
Model | Parameter Value
2U
Dimensions ™ T TR
Mass & cEC
Principal Moments of Inertia 0 TWnNYEGI
0 T8t T Y ool
0 18T 0 okl
Centre of Mass ) m
#1 - 1l
T
Final
Mass 4  p& W UuEC
Principal Moments of Inertia 0 mWipuvBQi
0 TBrpuvBgl
0 mrpuvbBgI
Centre of Mass 5 TP wx p
#1 - gt oo
X yup

3.3 Space Environment

Elements of the space environment bothenefit and detrimentthe ability of the

ADCS to acquire and maintain its attitudeThus, asessingcontrol performance and

robustness of theproposed system requires arealistic representation of the environment

that the satellite will be subjected to thraighout its mission life. This section details the

equations and theory behindthe aspects of the space environment modelled ihe

simulator.

3.3.1 Time and Date

Decimal time is tracked in the simulatorin units of hours. Simulation time output by

Simulinkd €ockis added to the startingUTC time to propagate thesimulation from the

epochassigned in the driving routine Calendar date is tracked with persistentyear, month,

and day variables in a MATLAHBEunction block and carried through the simulator as arMD

vector. Theday integerincreaseswhen the decimal time passegxactly 24 hours,while
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month and year integers increaseaccording tothe day integer. leap yearrecognition has

beenhardcodedinto the date and time subsystenuntil 2024.

3.3.2 Geomagnetic Field

%A O O E @€omagneficfield is modelled using thelnternational Association of
"AT T AcT AGEOI AT A IntAraakiondl Geamagngtit ReferericéField 12
(IGRF12) model block from the Simulink Aerospace Blocksetl01].4 EA 1 | Adhétié O |
field estimates are considered accurate until 202Q101]. Inputs of altitude in meters,
geodetic latitude and longitude in degrees, and decimal yeare fed into the block at one
second intervak to obtain the local magnetic fieldvector in nanoteslarelative to the North-
EastDown (NED) reference frame described in Appen#g A. This field is transformedto the
BFreference frameto emulate both readings from the magnetometersan®@ EA OAAOOAIT 6
magnetic fieldreference vectorthat interacts with outputs from the magnetic attitude

controllers to produce Simscape torquénputs.

3.3.3 SunReference Vector

The second reference vectoused in mostattitude determination algorithms is the
vector distancebetween Earth andSun which is calculatedbased on3 AE A AT 19821 T 6 O
Ol 1l x POAAEOEIT T AR®AI 485D Ehid Gectd lie§ihth® Eclipkiciz the plane
formed by the apparent orbit of the Sunas viewed from Earth Definition of the vector

requires knowledge of thetime in Julian centuries’Y [103, p. 261].

bagi (TULUPUTU (19)
o@UCU

oy

for the accurateto-time Julian date definedbelow, with year @, month0 , dayO, hourQ
minute & , and second [104, p. 33}

N . X 0w ox . emQa (T
The quantity"Y is then used to calculatdour OOT 1 A O A a2 (i 485] ThéXidst two,

the mean longitude%g and mean anomaly 4 for the Sunin degrees are defined below
[104, p. 420}

%g G YETQ MO @ MEF XY (21)

Dg OUHCXXCOO WIDWT O'T (22)



Quantities %g and 0 4 are constrained within the bounds 0-360 OOET ¢ -1 4,1 "800 11,
function in the simulator. These quantities are then used to calculaténe remaining two

solar arguments the ecliptic longitude %o andOEA AT Cl A AAOxAAT %AOOES
plane and the ecliptictermed the obliquity] [104, p. 421]

%o % PP T QO PEpP TEIPp wwwOEGG (23)
I (& WG WPIP OTMNT ¢ (24)

The magnitude of the distance between Earth anBlunis then found relative to the mean
anomaly[104, p. 421]

lgg PEIMMPTNERIEOX THPIRIX ™Minmp o AbaPe (25)

which is multiplied by a unit vector to obtain the distance vectoi{104, p. 421]
Al %
Mo 4 lag ATTOBR (26)
O E 1O BX%b
in Astronomical Units (AU). One AU igquivalent to the average distance between Earth and
Sun namely:

P!'5 pT WL WX YK TTXTT

For April 26th 2019 at 13:09:36 UTC, the followingsunvector was obtained from the

aboveseries of equationdmplemented in the simulator:

T PO YU P& pXT ODUT
{ Mrtcwdd® mpccepun Ei
T8 CUGXX T@UCpP PPLT

Y A & pd mu g wpenkE i

This Sun vector was validated usinghe NASA JPL Horizons System (accessed through

telnet) from which the following ephemeris data was obtained from a generated vector

table with the target bodyasSurd O A AT O ®An) anditfie Aobrdinate centreas EarE 6 O
OCATEAT QAT ABN oG ) #2&T*¢mnmnm OAEAOAT AA MEOAI A O4
i AAT ANOAOT O AT A ANOGEITT @ 1 £ OAEZAOAT AA ADPi AEOG 8
2458600.047916667):

TPEULUGCQ p& GpuULTPUT
{ Mowub® m@mxp et EI
T oYX X T T Wy Xpur

Y A &£ p® mu ¢ wponE i
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There exists a nagnitude errorof ¢ X8 | p& p T p ™ P and an error in angle of

wWw

Ot @

™ QT T

between the calculated and actual vectoré&dditional vector calculations and their actual

valuesover awide range of times and datesre compiledin Table 7. Absolute errors in

angle between the calculated and actual vectors never exceedahd thereby fall within the

desired range of attitude determination accuracy

Table 7: SunReference Vector Error Calculations

3.3.4 Eclipse

Date and Time | Calculated™Y (km) Actual Y (km) Magnitude Error | Angle Error
2018-Sep10 P& X 0 T TPQT P8 X C TT LPWIT B
18:45:00 & Y X T yp@t ™ wo p tpert | 3497.91 km 0.257
2458372.28125| T ¢ T T UPOTT T® ¢ X T Ypait
2008-Nov-04 PBLY @ p @Ot | P8I Y WG GPQTT
23:27:00 T ¢ @ X ppurt T8¢ T @ ¢purt | 918.52 km 0.121
2454775.47708 @ TP X UpuIt @ TU TT Y UPGTT
10:24:00 T8O @ P X Yp@rt T8O @ X P LPXTT 6400.97 km 0.091
2449207.93333 | T@& ¢ TU TT OPXTT T8 p WO OpCTt
1981-May-27 T G G G UPPTT | T p @ T PpCTT
03:24:00 P& ¢ Y p TpQIT P& X TU X UPCTT 4440.92 km 0.259
2444751.64167 | T T w P XPCTT T® L P T TPOTT
1970-Oct22 P& TG WGPOT | P& WX @ PPPTT
18:08:00 @ @ T T GppPTT T @ w T cpurt | 2371.52 km 0.411
2440882.25556 | T®& Y @ T ppTUT T® WTT P PPQIT

Average: | 3525.99 km 0.228

The orbiting satellite is considered to beO E 1

A AHileEtBisQrdvélling through

Earthd O O Ed\p&riockwherein its attitude cannot be determined due to inadequatun

sensor data Figure 10 illustrates the eclipse region of an arbitrary elliptcal orbit asthe

solid portion of the orbit trace.
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Figure 10: Eclipse Regiorfor a NearCircular LEO Orbit

The eclipse condition is determinedn the simulator from the orbital radius in ECI»

andthe vector from Earth to Sunp ¢ via the following relation [104, p. 422}

whereYy EO %A OOEG O AWiADi¢ corififloh is adsied, d@aellite is in

%A O O E 6 Oandeitithde lis xonsidered inestimable The satellite spend2111 s or about

38% of eachorbit in eclipse.

3.3.5 Disturbance Torques

In LEO, gravity gradient, atmospheric drag, and solar radiation pressure are the

primary external torque disturbancesperturbing a satellited O AOOEOOAA OEO
4EA O1 ONOA OEAO AOEOAO A&OI I OEA OAOBGAITEOD

torque disturbance. These four torque disturbanceare implemented in the simulator and

can be summed together with the calculated control torque from the magnetorquers as an

input to the Simscape model where all torqueare resolved in the BF frame. To validate the

simulated disturbance torques, the values reporteéh subsequent sectionsvere calculated
using a simplified 2U prism model withthe inertia tensor reported in Table 6.
Two attitude cases are considered: inertialiyfixed and nadir-pointing. These

attitudes are illustrated at four points in the orbit in Figure 11 and Figure 12, respectively.

T —
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Figure 11: Inertially -Fixed Attitude for Figur_e 12: Nadir-Pointing At_titu(_je for
Disturbance Torque Validation Disturbance Torque Validation

3.3.5.1 Gravity Gradient

The vector representation of the gravity gradien{GG)disturbance torque”Y is
defined in BF coordinates a$105, p. 324}

o A IL 7
Y i 0 D (28)

where* o8 yu ¢ i Ti isthe gravitational parameter of Earthj isthe BF vector

AEOOAT AA AAOxAAT %AOOES O AAD G@ABFAuhitAectorEA ODPAAAA
towards nadir which emanatesfrom the spacecraft CoM, andis the spacecraft inertia

tensor about the CoMThe dot product of the inertia tensor and the nadir direction unit

vector can be represented as:

8,

4 3 c

0 T
1}e)) T U
T TT

<34

m T
0 T
m o

CRCNC

Figure 13 plots the magnitude of theGGtorque disturbance as a function of time
over one orbit for the inertially -fixed 2U Prism Modeillustrated in Figure 8, while Figure 14
plots the individual torque components about each of the BF axes. Theiadion in the unit
vector towards nadirOAT AOEOA O1 OEA OAOAI | E GikédGasd OET AEDAI
results in a cyclic profile for the BF X and ®&Gtorque components and zero for the G
torque component. The torque norm reaches zero at thtwo points inthe orbit where the

satellite crosses the equatorial plane.
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Figure 13: Gravity Gradient Disturbance Torque Magnitude Over One Orbit for 2U Prism
Model z Inertially -Fixed Attitude
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Figure 14: Gravity Gradient Disturbance Torque Componenis BF Over One Orbit for 2U
Prism Modelz Inertially -Fixed Attitude

The maximum GG torque for the inertially fixedttitude case is:

| X&ppr
1 Y pm

T
Y A B wwyxpm. i
For the nadir-pointing prism satellite illustrated in Figure 8, the GG torques

generateddemonstrated virtually no variation in magnitude, coinciding with the prediction
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of a constant profile for circular orbitsstated in[105, p. 366] The maximum GG torque was
obtained for the nadir pointing caseas follows, notably one order of magnitude lower than

that for the inertially -pointing case.

Y A £ @owpm .
To validate the simulation results, the worstcasescalarformulation of the gravity gradient

disturbance torque defined in BF coordinatesvas evaluated as followg105, p. 366]:

o

Yo —
ci

0 OEG— (29)

where—E O OEA O AgEl O -ARKOE /EOET T OEA OEAAI OAOOEAA

equation can be assumed maximised whed Eq— pandi is taken at perigee:
ih e yopml
Y oy prmo.

This worst-casevalue is equivalent tothe maximum magnitude obtained for the
inertially -pointing case, suggesting valid implementation of the vector equationin the
simulator. To further validate the simulation results the worst-casegravity gradient torque
value ofu® X p 1 . | was compared tothat predicted for the 2U LEO CubeSatntelSat
reported atog p 11 Nm[106]. The discrepancy between the valuesan be ascribed to the
difference in moments of inertig For theAntelSat 0 0 wasreported as 0.002524, i.e.
less than that for the 2U prism by a factor of 0.504R.06]. TheAntelSatalso calculates the
torque at an orbital radius of 7000 km, a factor of 0.9103 larger than that for the 2U prism
[106]. Taking the product of thesefactors implies that the GG torque obtained for the
AntelSatshould be a factor of 0.4031 less than that obtained usiriEquation (29) for the 2U
prism:

WY pmt T MopoFy P pTT
The adjustedvalue is approximately equivalent to the reportedAntelSatvalueof 8o p 1

which further validates the vector implementation of the GG torquavithin the simulator .
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3.3.5.2 AerodynamicDrag
The aerodynamic drag vector torque can be calculated via the following relation

[105, p. 324}

] g"o 660 v (30)

where” ¢& ¢ pmt E® isthe atmospheric density at 400 km altitude (assumed
constant inthe simulator) [105, p. 502], 0 is the magnitude of the orbital velocity vector in
BF,0 is the drag coefficient is the projected area of the spacecraft perpendicular to the
orbital velocity vector, ¢ is the unit velocity vector in BF, andv is the vector distance

AO0T 1 OEA AAT OOA T £ POAOOOOA Of of thexdlag codfididnt | EOAGS O
0 typically falls between 2 and 2.5, with the median value 2.25 selectéor use in the
simulator according to[105, p. 324][105, p. 366]. The projected areads assumed to be
constant for the 2U prism at a nominal value of 0.02 Fx E EY £ assumed to be fixed
along the +X direction at 0.02 nr a value selected to facilitate comparison witlthe
aerodynamic drag reported fortwo existing CubeSatg AntelSatand COMPASS [106]

[107]. Figure 15 and Figure 16 plot the magnitude and vector components of the
aerodynamic drag torque over one orbit for the inertiallyfixed 2U prismattitude . The cyclic
nature of the magnitude inFigure 17 is the result of fixed axes travelling in a circular orbit
the torque at each timestep is proportional to the cross product of a fixed vector in +X and a

vector that rotates about it within the inclined orbital plane.
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Figure 15: Aerodynamic Drag Disturbance Torque Magnitude Over One Orbit for 2U Prism
Model z Inertially -Fixed Attitude
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Figure 16: Aerodynamic Drag Disturbance Torque Componenis BFOver One Orbit for 2U
Prism Modelz Inertially -Fixed Attitude

The maximum aerodynamic drag torque obtained for the inertiallyfixed casewas found to
be:
T

1 et pm .
Q8oL p T

Y A E xpowpm . |

In the nadir-pointing orientation, the value of the torque is neacconstant across the
orbit as expected for a circular orbi{105, p. 324] Torquesin the nadir-pointing orientation
are an order of magnitude lowerthan those for the inertially-fixed case When the satellite is
oriented nadir, the unit velocity vector maintains its direction throughout the orbit when
viewed in the BF frameunder the assumption of an unchanging centre of pressure vector
When v is fixed, therefore, the magnitude of the cross product in the vector definition will
vary little. This invarianceis not the case when the satellite is inertiallyfixed, and as a result
the magnitude of the cross product varies cyclically as the velocityegtor rotates about the

fixed v . The maximum aerodynamic drag torque for the nadhpointing case wascalculated

in the simulator to be



1

T
WP p Tt
wd @ pTI

Y & & pgypm . i
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For validation, the worst-caseaerodynamic drag scalar torque can be calculated via
the following relation [105, p. 366}

“y

alixel

V6B O

(31)

where @ @ is the scalar distance between the centre of aerodynamic pressure and the

centre of gravity[105, p. 366] Assuming a maximum distance of 0.02 (as with the vector

casein Equation (30)), and assuming the equation is maximised when orbital velocity is

maximised with

0

X® x p i 7O

then the maximum aerodynamidorque value is obtained from Equation(31) as:

This scalar value isequalin magnitude tothe valueof x® w p 1 .

Y o xpwpm .

| obtained from the

inertially -fixed vector case, implying the vectoequation as implementedin the simulator to

be valid. To further validate the aerodynamic drag calculations within the simulator, the

predicted maximum aerodynamic value ok® w p 1 .

I was compared with the

maximum aerodynamic drag torque was reported for the 2U, IS&biting AntelSatas

Cm p T .

[ and asp® 1 p T for the 1U LEO COMPASIS106] [107]. Table8

compares parameter values used in their respective worstase torque computations using

Equation (31) to those used in the torque computation for the 2U prisnm the simulator.

Table 8: Parameter Comparison for Aerodynamic Drag Torque Validation

Parameter 2U Prism AntelSat[106] COMPASS [107]
0 2.25 2.2 2.2
v I 70 7665 7558 7558
" Ed &G pm p pm 98 pTm
o | 0.02 0.02041 0.1
O o | 0.02 0.02 0.02

The worst-case torque obtained forAntelSatis of the sameorder of magnitudeas thatof the

2U prism,which is expectedgiventhe similarity between their parameter values. The worst

case projected area of COMPASSeported ast |

is one order of magnitude higher than

both the 2U prism andAntelSat and it follows that its aerodynamic drag torque is one order
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of magnitude higher as well. Thus, thenplementation of the torque equationwithin the

simulator can be considered valid.

For the actual model of the satellite, the simplified geometries for the nominal
DOl EAAOAA AOAA AOAA PAODPAT AEAOI AO O OEA
nadir-pointing) and the worst-case projected area are shown ifigure 17 and Figure 18.
The simulator assumes a constant projected areandthe user can selecbetween these two
OAl OAO ET OEA OEI| @épdnGingande desieEsbdandgtnoof tiieil OOET A
aerodynamic drag torqueapplied in the simulation. Results shownin this thesisassume the

Figure 18 case.

Figure 17: Nominal Projected Area (+X Figure 18: Worst-Case Projected Area
Projection) where € p m T ando (Trimetric Projection) where ¢
1 1 (U] ™ L T8 v g xando TBIU X E p

3.3.5.3 Solar Radiation Pressure
The solar radiation pressure (SRP) vector and scalar torqué¥ are calculated via

the following expression[105, p. 366}

o “On 3 qOT A it i
Y (—Bop nAlOw (32)

where’O p o ¢7yfi is the solar constant (at neither solar maximum nor minimum)go
o p mii 7Ois the speed of lightp is the exposed area of the satellit¢)y 1@ is the
reflectance factor (typically 0.62.2, with 0.6 seleted for the simulator [105, p. 366)), dis the
angle of incidence oBurlight, and @ @ is the distance between the centre of solar
pressure and the centre of gravity of the satelliteTo utilise the body frameSun vector in
lieu of the angle of incidence o$urlight (eliminating the need for an additional calculation),
the SRPtorque can be rewritten using the cross productof® @ and the unit vector

from the satellite to Sunin BF¢
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0. ’
J|| (—50 P N J||I= JIII= 4 (33)

Unit vector ¢ is determined from the reference vector from Earth tcSunw» ¢ and the

orbital radius in ECIi , rotated into BF by
L
4EA COAAOAOGO AEOOAT AA AAOxAAT OEA OAOAI T EOAGO
© o EmI directed along the BF +Z axis; this assumed is centred on the top face
of the satellite at the maximum surface distance possible given iggometry.
The magnitude and vector components of the SRP torque over one orbit for an
inertially -fixed 2U prism modelare found to benear constant This result is expectedjiven
that the distance between Earth and&unchanges little over the duration ofan orbit, and the
relative magnitude of the orbital radius in comparison to its magnitude results in little

variation in the direction of ¢  over a single orbit.Therefore, the torque calculated from
the cross product of thismarginally changingvector with a fixed & @ vector should

remain near-constant The maximum SRP torque obtained for the inertiallfixed case is:

XY pm

1 ppypm .|
TT

Y & & pdggpm. i

Figure 19 plots the magnitude of the SRP torgque as a function of time over one orbit
for a nadir-pointing 2U prism while Figure 20 plots its vector components in the BF frame.
Though the same fixed® @ vector was defined, the torque adopts a cyclic profile as
the BF axes rotate in orbit The direction and magnitude of the torque itself do not change
significantly versus the inertial case attesting again to the influence of the magnitude of the
Earth-SunOAAOT O 11 OEA 320 O1T ONOAGO DOl £EI A8
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Figure 19: Solar Radiation Pressure Disturbance Torque Magnitude Over One Orbit for 2U

Prism Modelz Nadir-Pointing Attitude
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Figure 20: Solar Radiation Pressure Disturbance Torque ComponeritsBFOver One Orbit
for 2U Prism Modelz Nadir-Pointing Attitude

For the nadir-pointing case, the maximum SRP torque was obtained as folloasd isclose

in magnitude to that of the inertial case:

LV p pTT .
pg 1T pmm .|
Tt

Y A& & pgopm . i
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For the scalar case, assumiripe equation is maximised whemA T @ p (Sunis directly
incident on the satellite)and @ @ | , the SRP torque is calculated to be
equivalent to that obtained for the nadirpointing case:

Y p8 @ p1 . I

Thedifference in maxima between the inertial and nadipointing cases is
attributable their respective orbits z the nadir-pointing data was obtained 5 orbits after the
inertial case, resulting in a slight difference in the direction of the EartiSunvector
increasing the magnitude of its cross product with the constanto & vector.

For the 3U CINEMA CubeSat, the SRP torque was obtained&sy p 1 Nm using
equivalent values of Oandr) under the same assumption that the maximum occurs when
the Surd @hgle of incidence is zerg108, p. 24]. A projected area of 0.034 and a

@ & distance of 0.01 m were chosen as its worstase parameterg108, p. 24} The
area is larger than that used for 2U prism by a factor of 1.7 while th&0 & distance was
less by a factor of 0.1, implying that the CINEMA torque should be approximately 0.17 times
smaller than that obtained for the 2U prisng which was shownto hold true:
PEopm TBYX CBYpT . |
andthus, the implementation of the vector SRP torque can be considered valid.

3.3.5.4 Residual Magnetic Dipole

The vector residual magnetic dipole moment torque is definefll2, p. 149].

1 | (34)

where Ois the residual dipole moment of the satellite and EO %A OOES6 O | ACl AOEA
expressed in BF in units ofesla. The torque is calculated assuming a typical dipole moment

value of 0.01! | presumed to lay along the +Z direction. The maximum torque value is

shown below, which is expected to occur when the residual magnetic field vector is

perpendicular to the local magetic field vector.

opu pTI )
1 ov pmm . |
T

The scalar residual magnetic dipole moment torque is defineals[105, p. 366}

Y 06 (35)
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The magnitude overone orbit for the residual dipole moment torque is plotted inFigure 21,

with its components plotted individually in Figure 22.
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Figure 21: Residual Dipole Moment Disturbance Torque Magnitude Over One Orbit for 2U
Prism Model
-7
x10
~ 5 T T T T
=
&
) |
&)
&)
o I 1
0 1000 2000 3000 4000 5000
0 1000 2000 3000 4000 5000
—~ 1
=
£
o 0
O
&}
= _1 | | 1
0 1000 2000 3000 4000 5000
Time (s)
Figure 22: ResidualDipole Moment Disturbance Torque Components Over One Orbit for 2U
Prism Model

The torque is obtained from the product of the maximum magnitude magnetic field for the

current orbit and the scalar dipole moment value 0.01 | , equivalent to the norm of the

above maximum torgue vector:
Y 1T pT .
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4EA OAI OA 1T &£ OAOEAOGAT AEDBI T A O ONOA AADPAT Ac
residual magnetic dipole moment (in units offt | ) and the value of the local magnetic field

(in units of T). Worst-case valus reported for the CADRE and COMPAS%Satellites were

identical in magnitude and nearidentical invalueatt p m . [andt® yxp m . I,
respectively[109, p. 17][107, p. 43] TheCOMPASS value is obtained using the relation
cOTY (Whered x80¢@ pmmdfi EO %AOOEGSO | AcCVYidtdeohit i 11 AT O AT

OAAEOO 01 AA1 AOI A ek apprdxin@tierdoOscdlaificld shéngithas &BE A1 A
OE AA AT [10Y BpP4B]iFdr EADRE, a similarlgimplified model is used with an
additional factor accounting for magnetic latitude[109, p. 17] Geonagnetic field values,
model simplicity notwithstanding, fall on the orderof p 1t T, and the resultant order of
torque maxima depends solely upon the order of magnitude of the residual dipole moment.
The following chapter develops the sensor models and attitude determination

algorithms that compare their output against the reérence valuesdescribedin this chapter.
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Chapter 4:Attitude Determination

The attitude determination system ofthe LORIS ADCS otorises eighteen
photodiode Sunsensors andone inertial measurement unit (IMU)including one three-axis
gyroscope and onghree-axis digital magnetometer Quaternion attitude is estimated from
these sensomeasurementsvia the ¢Method, and the estimateand its sensor
measurements aramproved using an extended Kalman filtewhose output provides the
obtained noise parametersto obtain as accurate amssessmen@s possible obbtainable
satellite attitude and of the performance of thgointing controller .

Noise is generated in the simulator using Simulink Bantlimited White Noise blocks,
each of which requires a noise power input to be specifieEach sensor has a sample rate
0 of 1 secondvia the following relation where 0 Dis noise power and, is noise variance
In accordance with theapproximation within the Band-Limited White Noise blockiit is
assumed thatthe required noise power input is equal to the noise variance for each sensor
case[110].

60 , 0 (36)

4.1 SunSensos

Sunsensor photodiodes measure incidentsunlight as a currentintensity, with
intensity presumed directed along the sensor normaWith each normal fixed relative to the
BF coordinate framethe vector between thesatellite and Suncan be obtained using the
relative intensity readings of multiple Sunsensors.The simulated measure of intensity was
based on theOSRAM SFR430-Z photodiode selected for use onboardhe LORIS satellite
[111].

Athreshold valuefor incident light intensity was soughtto improve the accuracy of
the Sunvector estimation. Setting a limiton the intensity that constitutes a sensor as being
in view of Sunserves to eliminate secondey sources of lightz primarily Earth and Moon
albedoz thereby ensuring that only the most illuminated sensors are used to estimate the
location of the Sunvector. Assuming theangle of incidentlight « is measured relative to the
sensor normal,Figure 23 compares thedirectional characteristic plot from the SFH 24367
datasheet withthe approximation A T «Qused in the simulator to relate intengty and angle
of incidence with a root-mean-square (RMS) error of 0.008 or 0.26% between the two
[111]. Forlight incident at 60 , the spectral sensitivity of the sensor drops to 50%As

AOOESO Al AAAT AT 1111 30M0%0Atidsiol éngldof 60A BET OI

A
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corresponding to a spectral sensitivity of 0.5vas deemed sufficiento ensure the sensors
could distinguish between Earth albedo an&unlight [12, p.154].
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Figure 23: Comparison betweenSFH 2430Z Relative Spectral Sensitivityand A T+Qrersus
Light Incident AngleShowing 0.26% Agreemenfl111]

Photodiode noise characteristics wer@btained experimentally. To account for
nonlinearities resulting from inconsistencies in ambient lightduring the experiment, only a
small, nearlinear portion of the experimental datawas used to identify variance and noise
power. Thisexperimental data is shown in thefirst subplot of Figure 24. The equivalent
white Gaussiannoise powerfor the photodiodes(i 0 was identified from the variance

of the recorded rates in rad/sfor a samplerate of 1 saccording to Equation36.

00 , pH o p Tl 6
The quantisation interval for the noise (placed into aQuantizer Simulink block) was
experimentally identified as 18t 1t WSubplots 2 and 3 irFigure 24 compare the generated
white Gaussian noiseand quantised white Gaussian(WG) noise with the experimental data
The variance of theresulting quantised datais p& o p 1 6 ; a 9% errorbetween it and

the experimental data.
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Figure 24: Comparisonbetween Experimentally ObtainedPhotodiode Noise
and Generated WhiteGaussian Noise

4.1.1 Sensor Placement
To further maximise Sunvector availability, three photodiodes are arranged in a

triad on each face of the satellitdlustrated in Figure 25, tilted 60 degrees from the face

itself with 120 degrees separating the three in the set. Each sensor has a conic field of view
of 120 EIl BT OAA AU Al Ad addorBniodaf® itheaforerettiBngd 60 intensity
threshold. In addition to limiting the field of view of the Sun sensors to the desired 120the
maskacts asamounting fixture that sets thephotodiodes at the correct anglesand offers
some protection to the sensors during CubeSat assembly, testing and launch whengbkar

panels are undeployed.
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Figure 25: SolidWorks SunSensor Assembly112]
4.1.2 SunVector Determination

For aSunvector to be estimated, at least thre&unsensors must be illuminated by
Sungz limiting the availability of the Sunvector to periods of the orbit outside eclipse.
Additionally, in certain orientations, theSunvector maynot be estimabledue to shadows
cast on the sensors by the solar panelBigure 26 demonstratesthe shade effect of the solar
panelswith an arbitrary, nearby light source. For the sample orientation and Sun location
shown in the figure, nine sensors (depicted asircles on the top and two sides of the
CubeSat) have the potential to see Sun if not for the presence of the solar pan@fghe nine
sensors only one is completely in shaddue tosolar panel shadez denoted in redz leaving
eight sensors from which theSunvector can be determinedThe remaining sides of the
satellite are completely in shadowand any residual illumination detected in their sensors
AAT AA AOGOOI AA O1 AR %AOOEBO Al AAAIT 8

Figure 26: Saellite Orientation Showing Effect of Shadowing
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The normal directions for each of the eighteeSunsensors are concatenated int@an
p Y omatrix 5 and remainconstant inthe BFframe. In the simulator, the illumination "Gf
each sensofindicesQ p8 p Y is equivalent to the dot product ofthe sensor normal=
with the incoming reference Sunvector { defined in Section3.3.3 transformed into BF

0 =9

The eighteen illumination readings, each ranging between 0 anddre concatenated into the
p Y pmatrix «.Before adding the experimentallydetermined quantised sensor noise to
each illumination value, the noise was scaled by\5 (to correctly scale the sensor noisghe
sensor fullscale reading is 5/, while the illumination readingsOused in the simulator have
a full-scale reading of 1)A threshold value of 0.5 is applied to each sensor to account for
light reflected off Earth. Sensors whoseliumination values in the simulator pass this
thresholdAOA £l ACCAA A O Shmand@rd furthér AhedkaddgairGihlhe 1 ¢
plane intersection algorithm to determineif they lie in the shade of the solar panelsSensors
that cannot seeSunare removed from both theg; and « matrices, and the following relation

is used to solve for theSunvector ¥ making use of the psedoinverse ofg [113, p. 59}
« 7Y
Yo T (37)

If the Sunvector cannot be determinedit is setto a zerovalueof¥ 1 1 1 .Over 100
orbit s excluding time spent in eclipsg 342,866 seconds),only one sensor could see Sun
0.10% (351 secondg of the total duration, only two sensors could se&un0.32% (1,056
seconds) of thetotal duration, and only three sensos could see Sur#.84% (16,591
seconds) of the total durationz implying that shadowing presents issues for Sun vector

determination less than1% of the total time the satellite is in orbit

4.2 Gyroscope Model
The IMU gyroscopd AAOOOAOG OEA OAOAIT 1 EOAd@disAThd U AT C¢O

first row of subplots in Figure 27 shows experimental rate vector data obtained for a

BNOO055 IMU gyroscopeGyroscopenoise powersd! ||- were identified from the variance of
theseratesd inrad/s for a sample time of 1 saccording to Equation36:

4F a CPUPT cowpm pdmpn OAMB
with an experimentally determined quantisation interval of &t 1t praal/s . Placing these

valuesinto their respective Band-Limited White GaussiarNoiseand quantizer Simulink
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blocks produced the results in the remainingFigure 27 subplots. Variances of theresulting
guantised noise dataare listed below, with errors of 6%, 4% and 9% relative to the

experimental data.

a c¢dcpm o8twpm p8 ¢ pmt OAD
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Figure 27: Comparison betweenExperimentally Obtained BNOO055 Gyroscope Noise
and Generated White Gaussian Noise
I OO0OAT Ainiodebofigyréséope driftasused by Yand77] was thenadded to

this noisy sensordatato simulate the zero-rate offset and temperature/voltage relative
angular velocity drift specified for the BNOO55 sensoj114]. Because thexperimentally
collecteddata did not exhibitany noticeabledrift over a several hour sampling periodabias
value ofp p 11 wasempirically selected. This value wasupplied as a noise poweto a
Band Limited White Noise block whose output igntegrated to producea noisy drifting
signal. This drifting valueis summed with the abovesensornoiseto the Simscape angular
rate output to emulate a gyroscope readingrigure 28 shows this added drift isolated over
100 secondsThis estimatelikely exceeds a realistic value of driff the BNQD55 datasheet
suggests = 3 deg/s maximum at neazero angular ratesz but can be considered avorst-

caseassumption.
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Figure 28: Gyroscope Drift
4.3 Magnetometer Model
The three-axis magnetometermeasures the strength of the local magngt field (in units of

microtesla) with respect to the BF frameaxes Two magnetometers are modelled in the
simulator z one froman MPU-9250 IMU and one fromthe same BNOO53MU described in
Section4.2. Though the LORIS ADCS initialipcluded two separate magnetometers for
redundancy, the hardwareplan for the system has since been revised to only include one.
Regardless, both magnetometerare modelled in the simulator and either can beised at
will . In the simulator, both noise power values are scaled by a factor pfrtto obtain units of
tesla

The experimental datain units of microtesla obtained for the MPLR250
magnetometer(shown in the first row of subplots in Figure 29) was collected with a sample

time of 0.0080 sconds Variances of the recorded magnetic fields were determinedsa
da ™ QT T @4
Noise powers werethen identified according to Equation36 as:
4 MBI T UBITTT YBTTT (i
with an experimentally determined quantisation interval of T ¢ 1{ 48Variances were

obtained for the quantised white Gaussian noise shown in thd=igure 29 bottom row of

subplots as followswith errors of 9%, 10% and 9% versus the experimental data

a T prdurepl4
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Figure 29: Comparison between Experimentally Obtained MP19250 Magnetometer Noise
and Generated White Gaussian Noise

Via Equation36 for the BNOO55magnetometer, Noise powers were identified from
the variance of the recorded field irmicrotesla with asample time of 1 £cond
I a T® W T8 p T Xt4
with a quantisation interval of i@ 1t 4. The quantised whiteGaussian noise inFigure 30 has
the following variances,with errors of 5%, 9%, and 6% in comparison to the experimental

data:

a 1™ pe o™ wf 4
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Figure 30: Comparisonbetween Experimentally Obtained BNOO0O55 Magnetometer Noise
and Generated White Gaussian Noise

4.4 Attitude Determination - g-Method Algorithm
The ¢Method for attitude determination implemented in the simulatoris analogous

to the QUESTQUaternion ESTimatior) algorithm first proposed byShusterin 1981 [76].

The algorithm compares set®f nonparallel unit vectors defined in two reference frameg
DAEAOAT AA@ndORAOR OOA OE from denddrkedadrigyd>0 [76, p. 71]
SEOOOCAO&EQorithirs OB AE O AT O1T DPOEIAI to AdidiEeQ@Aaln | AOOE @S
function "Q= [76, p. 73]

Q= OF =T (38)

73]:

[ OF T (39)
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Based onl|, Shuster defines the quantitiesd, |, and<:[76, p. 73]

a od (40)
111 (41)
L oF T (42)

as components in the coefficient matrixt £ O OEA O A Ethefghinkuh@ion&El O &
obtained byredefining Equation 38 in quaternion terms [76, p. 73]

o 2 4 Lr
on f b (43)

E 4L
L 1 @
For the quaternion to satisfy a constraint] 1  p, the derivative of Equation43 can be

written according to the method of Lagrange multiplier$76, p. 73]as
on Ak An (45)
from which a stationary value is obtained wherj76, p. 73]

Ly A (46)

The optimal attitude quaternion fj that maximisesEquation 43 is derived from the eigen
decomposition of L asthe eigenvector corresponding to the maximum eigenvalue

The eigenvectortakes the form ofvector|scalar, and thus he output of the gMethod
block isreordered to match the scalar|vector quaternion format used elsewhere in the
simulator. Two vector sets are usedn the simulator: the estimatedSunvector from Sun
sensor readings in BF| , the referenceSunvector in ECH| , the measured local magnetic
field vector | and the reference IGRR.2 ECI magnetic field vector]| .

This chapter outlined the components of the attitude determination systerand the
algorithms used to obtainattitude estimatesfrom them. The nextchapter uses these sensors
to devise a Bdot detumbling controller capable of reducing the high angular rates of the

satellite down to a rangefrom which the pointing controller can be used within.

| A
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Chapter 5:MagneticDetumbling Control

When the satellite is firstlaunchedinto orbit, it will be unable to power on untilits
batteries are sufficiently charged meaning it will orbit Earth uncontrolled for some duration
of time. Throughout this period, the satelitt EO OUDE A Al Zspinnitg@&ah A1 ET Co
unknown potentially -high residual angular ratefrom launch. Once it becomes operational,
the satellite will enter directly into its detumbling phase to reduce these residual launch
body angular ratesbefore it can ke pointed to carry out its mission objectiveThroughout its
mission life, it may start to spin up agairand require additional detumbling. This
detumbling phase is handled entirely bya proportional B-dot controller acting on sensor
inputs. Torgueing using three orthogonal magnetorquersand sensingusing three-axis
magnetometersmust be cycledto reduce the influence of the magnetorquers on the
magnetometers This section covers theexperimental determination of a feasible
sensing/actuation duty cycle to ft within the desired 1 second sample timeof the sensors
and then outlines the design and validation process of the-&ot detumbling controller in the

simulator.

5.1.1 Magnetorquer Model

The LORIS satellite ADCS includes thrélewSpaceSystems NCTRV002
magnetorquerrods arranged orthogonally along itsBF axes.Each magnetorquerod
consists ofamagnetically permeablemetallic core of diameter 0.9 cnwound with 2000

turns of 34-36 AWG coper magnet wire along 6 cm of its total length.

T
Ii 6 cm 4|

Figure 31: Magnetorquer RodKey Dimensions

These torgque rods are capable of generating a nominal magnetic dipole moment of
0.2! [ for a current of 31 mA, up to asaturation magnetic dipole moment opg& ! | fora
current of 215 mA[115, p. 9] Thewire on the purchased magnetorquers was damagedand
thus each rod wagewired using the coil winder apparatus inFigure 32 with the same
number of turns of a higher-gauge appropriatelyinsulated copper wire. Properties of the

new wire and final magnetorquer assembly are compiled iffable 9.
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Table9: Rewired Magnetorquer Parameters

Parameter Value

Material Enamelled copper, polyester ith polyamideimide overcoat
Wire Gauge 32 AWG

Wire Diameter 0.23622 mm (nominal)

Number of Turns 2000

Length of Wire (Approx.) | 66.44 m

Rod Diameter 9.24 mm

RodQoss-Sectional Area | @& p p 1t |

Figure 32: Coil Winder Apparatis

For a typical solenoid electromagneticoil 7z essentiallyanalogous to a

magnetorquer without a corez the scalarmagnetic momenta is calculatedvia the
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following relation, where 0 is the number of turns of wire in the solenoid;Os the supplied

current, and"Yis the cross-sectional areaof the solenoid[116]:
a 0'0Y (47)

The current passing through the magnetorquewas measured by connecting ito a5 Vv
power supply carried through a TB6612FNG motor driverThe voltage over the
magnetorquer was measured at 5.07 V with a measured resistance valaf 24.7mand these
valueswere used toestimate the maximum (steady statg current across the magnetorquer
OEA J/EI 80 1 Axgdg

‘0

<le-

O M nuo ¢ ndi !
Based on this current estimatdalling within 10 mA of the datasheet saturation currentof
215 mA, it can beassumed that the new wire generates magnetic dipole moments
essentially equivalenttothe pg&! I I ACT AG@BR T A Adf the original. A saturation
limitof p&! [ is, therefore,imposed upon any magnetic moment signal in the simulator.

5.1.1.1 Time Constant Identification

To identify a feasible duty cycldo avoid interference between torqueing and
sensing the local magnetic field, timeonstants for the start up and shutdown of the rewired
magnetorquerswere determined using an Arduinebased experimental setupvith two
components:acircuit driving the magnetorquer anda circuit for measuring its generated

magnetic fieldwith an IMU magnetometer

The magnetorquer is powered by a constant 5 V source providdyy the 5 V Arduino
pin. Current travels from the Arduino through a TB6612FNG motor drivensed to change
the direction of the field the magnetorquer generates. Theethree components are wired as
shown in Figure 33, and descriptions of all wire connections are compiled ifable 10.
3SPAAEEAUETI ¢ OEA 1101 0O AOEOAO O1I 001 OAIT AExEOAS
xEET A OAITIGAEDAEDOAS AAZET AO ' m¢ AO OEA O 1 OACA E’
magnetorquer areundifferentiated, and field direction depends entirely gpon how the user
connects themagneorquer to the motor driver and subsequently orients the magnetorquer
in the experiment. The setupis controlled using a MATLABcreated Ul with functions from
the MATLAB Support Package for Arduino Hardware used to writealues to the digital pins

and read values from the analogue pins.
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Table 10: Motor Driver Interface Table

Motor Driver | Arduino | Description

VM Vin Motor power from barrel jack z unused

VCC 5V Logic voltage and main 5 \dource from regulated USB
connection

GND GND Common ground

AO01 Al Motor A output 1, connected to one magnetorquer wire

A02 A2 Motor A output 2, connected to other magnetorquer wire

PWMA D11 PWM speed control for A I/O channels (square wave output)

Al2 D13 Direction input to A channel

All D12 Direction input to A channel

STBY D8 Internal h-bridge standby input

,~D13-AI2
' N —D12-All o 19V
—D8-STBY
VM-Vin— Q Q
3A 1A
-12v COoM
1 “NA2-A02 1A
GND-GND~" N A1-A01 I FIX REGULATED ]

Figure 33: Magnetorquer Experimental Arduino Circuit Diagram

For the magnetometersetup,an MPU-9250 IMU breakout board is used to acquire
magnetometer data witha maximum sample rate of 200 Hz and measurement range of
+4800 1 4 at its 12C interface Table 11 compiles the wire connections between the IMU and

Arduino shown in Figure 34.

Table11: IMUMagnetometerinterface Table
IMU Arduino | Description

SCL | A5 12C serial clock
SDA | A4 12C serial data output
VDD | 3.3V Main 3.3 V source from regulated USB connection

GND | GND Common ground
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[
rx mm ARDUINO

'\
GND-GND
A5-SCL—" "~3.3V-VDD

Figure 34: Magnetometer Experimental Arduino Circuit Diagram

The time constants for the starup and shutdown of the magnetorquer were determined
using voltages read from an oscillosco@ 41 O3 0A006 OEA OI ONOAOOR OE
commanded to run CW at a 100% duty cycle with current flowing through the
magnetorquer from AOLto A024 1T O3 01 b6 OEA O1 ONOAOR OEA 11 061 0
0% duty cycle.
Raw oscilloscope voltage data is plotted ifrigure 35 when the motor driver is
commanded to start and stop The torquer powersup quickly and maintains a constaniA01
voltage of 5.25 Wvith AO2 close to zero VWhen the torquer is powered off, tke input
voltage from AO1 is severednanifesting as a brief sign inversioron AO2when read by the

oscilloscope
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Figure 35: Individual Channel Voltages and Voltage Over Magnetorquer for Clockwise Motor
Driver Command

For both stat up and shutdown, te current over the magnetorquer was calculatedia the
following formula based on the resistance valugg & ) of the magnetorquer.

¢ & (48)
Exponential curves were fit to the start up and shutdown data according to the following

relation, with a different gain 0 and time constantt identified for each.
yo T
vaQ (49)
Figure 36 plots the experimentalstart up data against @ exponential curve with

empirically identified gain and time constantisted below. Zero seconds on theéime-axis of

the plot corresponds tothe point when the magnetorquer was turned on
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Figure 36: StartUp Current Over Magnetorquer Compared with Exponential Fit

The steadystate current maintained an average value af® v p 1T A, with an exponential

settling time (3t criterion) of approximately¢® p 1 S.

Figure 37 plots the same for the experimental shutdowmlata with zero seconds on

the time axis of the plot corresponding to the point wherihe magnetorquer was turned off.

The gain and time constant were identified empirically for the portion of the plot aftethe

initial dip in current as:
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Figure 37: Shutdown Current Over Magnetorquer Compared with Exponential Fit
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The settling time of the current @t criterion ) is approximatelyo® 1 p 1 Oincluding the
initial negative spike, with a settling time of the exponential portionalone (3 1 criterion) of
wrmpnn B

The experimental start up and shutdown behaviourdefines a 99.70% duty cycle for
the magnetorquersbased on a 1 second magnetometer sample tim€his exact behaviouis
not modelled inthe simulator, and instead aconservativeduty cycleof 90%is appliedas a
square wave to anymagnetic input torque signals in SimulinkThis estimate allows time for
any residual magnetic field and consequent residual dipole moment to dissipate before

another magnetic field measurement is taken

5.2 B-Dot Algorithm

The B-dot algorithm describes a proportional controller that acts on the time
derivative (or rate of change) of the local magnetic field expressed in the bofixed frame:
B-dot or || [117, p. 79] This term is defined as the crosproduct of the local magnetic field
inteslaAT A OEA OAOAI 1 EOAQL, pa80IOAGET T OAOA ET OAATO
I I o (50)
This || value is then utilised in a proportional control law todetermine the desired magnetic
dipole momentd inunits! I commanded to the magnetorquersThe scalar gain is
negative to apply a restoring moment about the desired axis to the rotating spacecr§ftl7,
p. 79]:

o o0 o of (51)

Current is supplied to the magnetorquer to meet this desired momenilhe resulting
magnetic dipole momentfrom the magnetorquersgenerates a external control torque on

the satellite according to the following equation in unitsof Nm[117, p. 79}

1 o | (52)

All vectors in subsequentequationsare expressedin the BFframe. B-dot control cannot be
used in its generic form for accuratehree-axis pointing control. Most typically, the B-dot
Al ¢ci OEOEI EO OOAA AOOET ¢ OEA ETEOEAI AAOGOI Al EI
switched over toathree-axis attitude controller.
As a first step towards validatingthe implementation of the Bdot algorithm in the

simulator, the || values obtainedusing Equation (50) were checked for the case whe the
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satellite is rotating at a constant angular rate about its bod¥fixed Z-axis inan equatorial
orbit.

The initial angular ratesof the satellitewere defined to be equivalent to one rotation
about the Z axis per orbital periodas follows:

Tt
© JI O Ard
"_Y
Using Equation (50), the resulting expression| | o yields:
T 6 0
| | o ||o 6 T 6 1
6 © 1
Tt 6 06 n
S S
y
¢, -
A
" 11 16 1
11 yo 1
u 1 U

The resulting relation shows that the X component of th(ﬂ vector should be equivalent to
the Y component of the local magnetic field iBF scaled by the constant angular rate, while
the Y componentof the || vector should beequal in magnitude butoppositein direction to
the X component of the bodyfixed local magnetic field vector scaled by the sanangular
rate. The simulation was run for 5562 secondgorresponding to one orbit.Figure 38 plots

the simulation results of the calculated X and Y components || in nT/s as a function of
time and superimposesthe corresponding—06 and —0 componentsin nT.As expected,

there is excellent agreement between these valuagith an average error on the order of
pT
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Figure 38: X and Y Component Comparison 6fand 6 in the Body-Fixed Frame, Slow

The relation for || was then

Angular Rate

validated br a higher initial constant satellite angularrate.

1-[ ~ Ve -
m OAIDQ

The simulation was again run for one orbit (5562 secondsand theresults are shown in

Figure 39. Due to the density of the plot resulting from thehigher angular rate only 1000
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seconds of the simulation are shown. ffe average errors for the obtained data weren the

order of p Tt . Thus,the calculation of || as implemented inthe simulator can be

considered vald.
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Figure 39: X and Y Component Comparison 6fand 6 in the Body-Fixed Frame, Fast
Angular Rate
The inability to attain three-axis B-dot control over a satellite in an equatorial orbit

due to theinvariability in the direction of the local magnetic field vectois well-documented.
Without significant changes in local magnetic field direction, control torques can only be
applied in one plane and one degree of freedom of control is lost. To validate the
implementation of the B-dot control algorithm, a simplified constant-direction geomagnetic
field casefor acircular equatorial orbit wasconsidered The magnetic field shown inFigure
40 is defined asconstant with magnitude 4000 nT in the ECI Z directionVithin the B-dot
algorithm itself, an arbitrary constant gainwas selected:

0 p pm! il /rad-kg
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Figure 40: ConstantMagnetic Field in ECI Direction

For the first test case, a initial velocity of 0.1 rad/s was applied to the satellite along
the body-fixed Z-axiswith the B-dot algorithm applied over the full orbit. The resulting
simulations show that theangular rates in both the ECI and Bffames remain
unchanged across the entire orkdiand the resulting applied control torquers are zero
One can understand the reason for this observation by examinirigguation (50) which,
for this case, would result in|| being zero. FromEquation (51), the dipole moment&
induced by the magnetorquers would then be zero and, froriquation (52), the resulting
applied control torque J,| on the satellite would be zeroThus, thisfirst validation case
ensures that the satellite cannot beletumbled when its angular rate vector is directed along
the local magnetic field axisas is the characteristic limitation of the Blot algorithm.

For the constant magnetic field along the ECI Z directioone would expect thatan
initial spin about all three BF axesvould result in the ratesabout X and Yto tend towards
zero while the rate about Zwould remain unchanged To illustrate this concept, the angular

rate vectorin Figure 41 with distinct componentsin X, Y, and Z was applied to the satellite.
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Figure 41: Angular Rate Vectofor SecondB-Dot TestCase

Figure 42 plots the angular rate components and magnitudesver one orbit for
the case where an initial angular rate is applied about all three body axeBhe initial
0.13 rad/s componentof the angularvelocity is shown toremain constant in the ECI frame
over one orbitz demonstrated by thedatacursorin subplot 6 7 as it isunaffected by B-dot
control while the remaining rate componentsin ECltend exponentially towards zero.
Corresponding components of the magnetidipole momentsand control torques are
plotted in Figure 43, with datacursors on the latternear zero across thenajority of the

orbital period indicating that no further control is possible in this case
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These two cases prove th proper implementation of the Bdot algorithm in the simulator
andthe significance of its limitations, with resultsexhibiting no change in angular ratevhen
rate and field vectors are aligned and clear exponential profiles in the reduction of angular
rate when they are not Furthermore, Figure 42 demongrates that the profile of the change
in angular rates of the satellite when Bdot control is applied is exponentia) as documented
under ideal conditions[117, p. 80]. Additional cases(not shown) produced similar expected

results for all possiblecombinations of rate and field directions.

The final step in validating the implementation of the Bdot algorithm in the
simulator is to test its functionality with more realistic magnetic fieldsobtained from the
IGRF12 model. Two orbit cases are examined an equatorial orbit where the magnetic field
is oriented predominantly in the ECI Z directiorand the ISS orbit definedn Section3.1.1
The constantB-dot gain value was reduced in magnitudefrom the previous casegdo avoid
potential over-saturation of the magnetorquersin the presence of varyingnagneticfield

strength. This gainwas selected as
0 p pm! il /rad-kg
In both cases, lie initial orbital radius was selected as @ X UEul and theinitial angular

rate vector of the satellitewas specified as

0] ™ O A
P

The equatorial orbit caseis defined by the following parameters with itsground track
shown in Figure 44.

Q 1 Y uvu @
"Q 18t T TOPA A — 7
1 T8 T TOpA A O ™

m T8t T TOpA A O pduap @ 4#
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Figure 44: Equatorial Orbit Ground Track118]

Magnetic fieldvectorsin the ECI framearound the equator areshown in Figure 45,

Figure 44 excluded

W\\\\M My
iy

Figure 45: ECI Magnetic Field Vector Directions Over One Equatorial Orbit

D ——

From this figure, the geomagnetic fielddirection appears tobe oriented predominantly in
the Z direction with very little variation in the X and Y directions Thisobservation is
supported by the field strengthvector componentsover one orbit plotted in Figure 46,

showing Zto be greatest in magnitudehroughout the orbit.
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Figure 46: ECI Magnetic Field Strength Over One Eqoatl Orbit

Body angular rates are shown ifFigure 47 for one orbit in the BFand ECI frames
The ratestend towards zero but do not reach itin a single orbit, as expectedjiven the
general Zaxial trend in geomagneticfield direction for an equatorial orbit shown in Figure
45, Corresponding magnetic dipole moments and cdrol torques are plotted in Figure 48 as
afunction of time. It was expectedthat the equatorial orbit will be unfavourable for B-dot
control given the lack of variation in magnetic field strength and direction across a single
orbit, which has proven to hold truez the satellite will need to orbit significantly longer to

reduce the body angular rates to zero.
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Figure 48: Magnetic Dipole Moment and Control Torques Ovéne Equatorial Orbit with B
dot Control
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The previously defined ISS orbit is usedas the second realistic geomagnetic field test

case its orbital elements are reproduced below with its ground track following inFigure 49.
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Figure 49: Inclined ISS Orbit Groundrack [118]

The local magnetic field directionplotted in Figure 50 is shown tovary about all three axes
across one orbit Figure 51 plots the individual components of the fieldover one orbit,
showing greater variations in magnitude and direction than in the equatorial orbit case
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Figure 51: ECI Magnetic Field Strength Over One Inclined ISS Orbit
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Controlled body angular rates over one orbit follow irFigure 52 with associated
magnetic dipole moments and control torquegplotted in Figure 53. The angular rates
approach zeroand magnetic dipole momentsand correspondingtorques approaching
virtually zero. As demonstrated by comparilg geomagnetic field directions irFigure 45 and
Figure 50, inclined orbits experience far greater directional variation and are hence
favoured for use with magnetically controlled LEO satellitefor their ability to reduce

angular rate more significantlywithin the same timeframe.

Angular Rates in Body-Fixed Angular Rates in ECI

. 01 ~ 01
2] w
S~ S~
< <
g 0.05 g/ 0.05 +
> >
3 0 L n — 3 0 B e —— — L
0 1000 2000 3000 4000 5000 0 1000 2000 3000 4000 5000
0.1 : : : : : 0.1
Yo o)
w 2]
% % 0.05
g 0.05 g : [
3, | 37 0F N : , : ,
0 1000 2000 3000 4000 5000 0 1000 2000 3000 4000 5000
0.1 : . . . . 0.1
) N
1%} wv
= =
g 0.05 g 0
N N
3 0 - : ' 3 o1 : - : - :
0 1000 2000 3000 4000 5000 0 1000 2000 3000 4000 5000
~ 0.2 ~ 0.2 . . .
w 2]
= =)
s 0.1 s 0.1 X 5562
= = Y 0.0002966
3 9 3 0
0 1000 2000 3000 4000 5000 0 1000 2000 3000 4000 5000
Time (s) Time (s)

Figure 52: Body Angular Rates Over One Inclined ISS Orbit withddt Control
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Figure 53: Magnetic Dipole Moment and Control Torques Over One Inclined ISS Orbit with
B-dot Control

5.2.1 Gain Tuning
The B-dot control algorithm is considered optimised for the lowest possible settling

timein accordance with the mission requirement of detumbling irunder 15 hours (around
10 orbits) . The designedB-dot controller makes use of a constant proportional gain in the
interest of reducing the potential for controller error in flight. To select a suitable gain,
different values were tested under ideal conditions with no external disturbance torques
and perfect knowledge of the attitude, local magnetifield, and angular rate.The absere of
external disturbances implies that the satellite should remain motionless once detumbled,
and thus is considered settled once thangular rate reache9p 1 rad/s.To determine the
significance ofchanges inCubeSageometry on the ability of the controller to function as
designed,the simplified 1U and 2U geometrieshown in Table 6 were analysed.

The initial angular rate vector was chosenas in previous validation cases,

approximately equivalentto a 10 deg/s tumble:

0] ™ O A
)

Figure 54 plots settling times for the 1U geometry as a function of Bdot gainsu in

the absence of external disturbances and assuming perfect attitude, local magnetic field, and
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angular rate knowledge. The inset plot shows the settling times for additional gains between
6,000 and 10,000! O 7¥O AZk @ the best performing region in the dataset. Under these
conditions, again of0  x wmnt nOi 7O AZk @ielded the lowest settling time of 4224

seconds (less than one orbital periodfor the 1U geometry
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Figure 54: 1U Geometry Bdot Settling Times for Different Gain® [119]

Asimilar range of Bdot gainswere then simulated for the 2U geometry Figure 55 compares
the resulting settling times for both geometries the 1U denoted by cubes and the 2U by
diamonds.Again of0 1 Ol FO AZE @ielded the lowest settling timeat 7258
seconds(~18 minutes more than one orbital period)for the 2U geometry, circled in red in
Figure 55. While the lowest settling times for the 1U and 2U CubeSadse similar, the 2U
geometry requires a Bdot gain approximately5 times higher thanthat for the 1U geometry
Figure 55 further suggests thereexistsa relatively wide range of Bdot gain values that
enable both 1U and 2l$atellites to settle in 10 orbits orfewer, thus easily meeting the
relevant LORISsystemrequirement. Should the satellite geometry orits mass distribution
characteristics change in orbit, there is potential for the Rlot controller to retain its base
functionality to detumble the satellite within a reasonable timeframewith its launch

parameters.
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Figure 55: Comparison of Bdot Settling Times with Different Gaing) for 1U and 2U
Geometries[119]

These results are presented for idealised geometry, environment, and sensor data
the settling time can be expected to worsen asore realistic conditions are added These
results can be takeras a baseline to assess final controller performance againshe
following section relates to the last pointz instead of assuming the angularate to alwaysbe
known, it is assumed that the angular rate cannot be measured and can only be

approximated from existing sensor data

5.3 B-Dot Algorithm with Derivative

2ATEATAA 11T A cuoi OAIl pA OI DPOi OEAA AAAOOAOD/
becomes problematicx EAT  OEA O Adbkddiicédbeddndthe@picAl L@ OT OAT PAS O
operational range An overcompensating detumblingalgorithm may further destabilise the
sateliewe OET OO0 Al AAAOOAOA QOdtes Andrndy prévénfthe@afe® Al 1 EOA G (
from ever being reduced to an appropriate range for use of tharee-axis pointing
controller.! T Al OAOT AGEOA O1 OOET ¢ A cuUoOi OATixd O1 AA

instead usethe change in magnetic fieldlirection with time [120].

The expression formagnetic dipole momentd in Section5.2 may be redefinedwith

| equal tothe time derivative of the local magnetic field:
ol

o (53)

O 0 ||
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For a sample timed of 1 secom, the timederivative can be calculated ga timestep Qfrom

the difference of its current and previous 0 p) measurements:

(54)

Measuredmagnetic field data is noisyand therefore an infinite impulse response (IIR)low-
pass filter is applied to the calculated derivativeo produce acleanerderivative estimate

according to[121]:
I e 1| (55)

where smoothingfactor| was selectedempirically to produce the most consistent results
as:
| T8t 0

Figure 56 compares thelow-passfiltered derivative of the noisy magnetic field to
the derivative of thenoiselessangular ratein the same reference framever a 3500 second
period. TheMPU-9250 magnetometer noise described in Section4.3is used for the former.
The filtered derivative approximates the amplitude of higheffrequency regions less
accuratelythan lower-frequencyregions, thoughany detriment this causes to the overall
performance of the controller quickly resolves itselfonce the rates are attenuated within a

certain frequency.
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Figure 56: Comparison ofMagnetic Field Derivatives Over Portion of Two Orbits

The next section compares tb performance of thisform of the B-dot controller to
that derived in Section5.2for the final geometry of the satellite.

5.4 B-dot Final Results

With the form of the B-dot controller finalised, another iteration of gain tuning was
completed for the final geometry of the satellié. With noisy differentiated inputs, body
angular rateswill never truly reach zero. Thus, the settling time criteria was redefinetbr
this tuning iteration z the satellite is considered settled once its angular rates remain within
the threshold of £0.005 rad/s for 500 secondswith th e settling time taken oncehe rates
about all axesenter and remain within this range.At higher gains, it was found that the
satellite would occasionally leave this threshold after some duration of timé=or a proper
comparative basis with the results presented in Sectioh.2.1, sttling times greater than
150000 seconds (27 orbits)were excluded from the analysesind initial angular rates were
set t00.1 rad/s about every axisEnvironmental disturbance torques are summed to the B

dot control torques before being applied to the satellite in Simscape.
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Figure 57 plots different B-dot gains versus settling timeover a similar range & in Figure
55. Oce againthe settling times formed a parabolic profile with respect tathe logarithmic
gain axis.Gains on the highest and lowest ends of the spectruaxhibited more noisein their
rate behaviourthan those in the vicinity of thevertex of the parabola and would
occasionallyspike outside of the 0.005 rad/sthreshold for durations of less than 100
seconds The fastest settling time is circled on the plot fon gaind x pm! O 71

O AEA\@t 6716 seconds,or approximately 1.2 orbits.
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Figure 57: New B-dot Settling Times for Different Gain®

The following three plots present different detumbling casestudies for the final low-
pass filtered derivative B-dot controller with disturbance torques and sensornoise present
for the final satellite geometry. The two grey linesimposed on each ploshow the
detumbling threshold of £0.005 rad/s. For all cases, the body angular rates are maintained
within this th reshold once the satellite is detumbled.

For the first case studyFigure 58 plots the body angular rates for the tuning case
with an initial angular rate of0.1 rad/s about each axiga total initial rate magnitude of
0.1732 rad/s (approximately 10 deg/s)). The satellite settles as stated in approximately
6716 secondsor 1.2 orbits.



Figure 58: BestCase BDot GainDetumbling from 0.1 rad/s about All Axes

Figure 59 shows the results for the second case study where the satellig¢arted
from amuch higher initial angular rate of 0.35 rad/s (20 deg/s) about each axiswith an
absolute magnitude of 0.6061 rad/s (approximately 34 deg/s). Though detumbling takes
approximately 10 times as long to settle versus the previous case B orbits, the body

angular rates are stil reduced and maintained within the threshold.

Figure 59: Best Case ot Gain Detumbling from 0.35 rad/s about All Axes
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